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ments of both the nominal mission and the LM rescue mission, each 
considered separately. 

3.2.3 Launch Vehicle Considerations 

Lunar site accessibility depended not only upon the capability of the 
spacecraft to perform its required maneuvers, but also upon the Saturn V 
launch vehicle to inject the spacecraft onto the specified translunar 
trajectory. In retrospect, accessibility was usually limited by the 
spacecraft rather than by the launch vehicle. However, this condition 
was not always evident a priori, and the launch vehicle was always 
considered in the determination of lunar site accessibility. Launch 
vehicle performance considerations are discussed below, with attention 
being focused on those areas directly affecting lunar accessibility. 

3.2.3.1 Launch Vehicle Performance. Standard launch vehicle per­
formance was characterized by the mass which could be injected onto 
an Apollo 11 type translunar trajectory with sufficient propellant in 
reserve to make up for - 20" ( - 30" on Apollo 11) performance dispersions. 
(The Apollo 11 trajectory represented close to a worst case for other 
trajectory types.) In order to determine the launch vehicle performance 
for a particular mission and site, the mission-specific translunar injection 
energy was computed and an adjustment to the launch vehicle payload 
(here, payload refers to the spacecraft, whereas it may have other 
meanings elsewhere) capability was determined. In addition, the pay­
load capability was corrected for the wind and temperature effects 
expected during the launch month. There was about a 270-kilogram 
difference in allowable payload mass between a flight in the worst month 
(March) and the best month (July) due to these launch environmental 
effects. 

For H missions (Apollo 12, 13, and 14), the total spacecraft masses 
were on the order of 46,000 kilograms while the launch vehicle capability 
was several thousand kilograms greater, even with 30" performance 
reserves. However, the .I-mission (Apollo 15 and subsequent) spacecraft 
mass was about 48,700 kilograms due to the extra consumables required 
for the longer-duration missions and the significant increase in the 
scientific and lunar exploration equipment carried. In order to accom­
modate the heavier spacecraft, several changes were made to the launch 
vehicle hardware, propellant budgeting, and trajectory. These changes 
were incorporated as system maturity· and flight experience proved 
their acceptability. 

The F-l engines on the launch vehicle first stage were adjusted after 
acceptance firing to their pre-firing, high-thrust performance level, and 
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various engine cutoff timers on the first stage were adjusted to reduce 
the unburned propellant residuals left in the tanks at cutoff. On the 
second stage, modifications were made to the pressurization system 
which reduced propellant residuals on the stage. These and other hard­
ware modifications increased the launch vehicle payload injection 
capability by more than 700 kilograms. 

The most significant single change in terms of launch vehicle payload 
capability improvement was the decision to require that the launch 
vehicle reserves on J missions be sufficient to handle - 20- vehicle 
performance rather than - 30- performance as on earlier missions. The 
flight performance reserve was determined by statistically combining 
the propellant quantities required to overcome the effects of low engine 
thrust or specific impulse, uncertainties in actual vehicle mass, winds, 
propellant density, propellant quantities onboard, etc. The decision to 
reduce the flight performance reserve was taken after consideration of 
many factors and tradeoffs. The flight performance reserve quantity, 
ideally, did not affect crew safety but it could influence mission success. 
In particular, given a completed flight-ready spacecraft, the most 
practical way to reduce its mass, should it be beyond the launch vehicle 
capability, was to offload SPS propellant. This, of course, reduced the 
lunar accessibility and spacecraft performance margins. However, it was 
determined that the spacecraft could compensate for some launch 
vehicle underperformance. Thus, it seemed advantageous to reduce the 
launch vehicle reserves and load up the spacecraft, with the plan that 
the spacecraft reserves could be used to make up deficient launch 
vehicle performance if necessary, or be available should subsequent 
spacecraft contingencies arise. Furthermore, because of nonlinear 
effects, rather elaborate strategies were possible in order to gain maxi­
mum protection against performance uncertainties with the least pro­
pellant mass. The change in flight performance reserve, along with other 
propellant budgeting changes, added almost 700 kilograms to the 
launch vehicle payload capability. 

In the area of trajectory changes, the translunar trajectory redesign 
from the Apollo 11 type trajectory reduced the translunar injection 
energy requirement and thereby improved the launch vehicle capability 
by an amount varying with landing site location and time of launch. 
Two other significant trajectory changes were the lowering of the Earth 
parking orbit from 18.5 to 167 kilometers and the optimizing of the 
launch azimuth range for each mission. 

The original Earth parking orbit altitude was a compromise involving 
several factors. The desire for good tracking coverage, lower heating 
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of the vehicle during boost, and less in-orbit perturbation due to atmos­
pheric drag tended to drive the nominal orbit higher. On the opposite 
side of the balance was payload capability. The matter was reconsidered 
after Apollo 14, and it was concluded on the basis of flight experience 
and increasing confidence in the system's overall performance that a 
modest increase in vehicle heating and about a 10 percent reduction in 
tracking coverage were acceptable costs to pay for an increase of 320 
kilograms in capability. 

In order to improve the chances of launching on a given day, the 
space vehicle hardware, software, and mission planning provided for a 
daily launch window of several hours, allowing holds to permit adverse 
weather conditions to improve or for the correction of minor malfunc­
tions encountered during the countdown. The desired launch window 
duration was achieved by continuously varying the launch azimuth to 
be used as time elapsed so that, when the launch actually occurred, 
the vehicle was inserted into an Earth parking orbit with the desired 
inertial orientation with respect to the plane of the translunar trajectory. 

Several parameters affected the selection of the usable launch azimuth 
range. A 4-hour launch window was the planning standard early in the 
program, with 2-1/2 hours set as an operational minimum. The allow­
able launch azimuth range was controlled by requirements in range 
safety, tracking, and launch vehicle performance. Range safety rules 
precluded trajectories which caused potential suborbital overflight or 
stage impacts on inhabited land areas. As a result, the launch azimuth 
variation was restricted to lie between 72 and 108 degrees (measured 
east of north) in order to avoid Bermuda and the West Indies, respec­
tively. Tracking considerations reduced the allowable sector to a 
maximum of 26 degrees, so that one insertion tracking ship could be 
assured of obtaining the requisite 3 minutes of tracking following 
insertion. Closing of the Antigua tracking station forced the azimuths 
toward the north to assure continuous tracking during the Saturn V 
powered flight. Consequently, a launch azimuth range of 72 to 96 
degrees was used for missions prior to Apollo 15. 

With the substantial increase in spacecraft mass and the concomitant 
demands on launch vehicle performance for the J missions, the launch 
azimuth range was again re-examined for Apollo 15. 18 It was found that 
by taking advantage of the nonlinearity in the relationship between 
launch window duration and launch azimuth range (Fig. 22), it was 
possible to maintain the launch window duration while shifting the 
azimuths toward the south and reducing the azimuth range. Optimum 
launch vehicle performance was achieved with a launch azimuth of 
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Fig. 22-Relationship between launch window range and duration (Apollo 15). 

90 degrees, so that the Earth's rotational velocity added directly to the 
launch vehicle velocity. For a finite launch window, launch performance 
was best with a launch azimuth range symmetrical about the gO-degree 
azimuth. Thus, by shifting the launch azimuth range from 72 to 96 
degrees, to 80 to 100 degrees on Apollo 15, a 2-hour and 40-minute launch 
window was maintained, while increasing the payload capability by 
more than 200 kilograms. Since the relationship between launch window 
duration and azimuth range was dependent on the landing site location 
on the Moon, Earth-Moon geometry, and trajectory injection type, the 
launch azimuth range had to be optimized on a mission-specific basis, 
thereby becoming an accessibility and site selection factor. 

3.2.4 Launch Operational Considerations 

The Apollo launches were subject to a number of operational, as well 
as performance, requirements. Perhaps the second most important 
operational requirement (choice of trans lunar trajectory type was first) 
related to lunar accessibility was the choice of injection opportunity. 

Two trans lunar injection opportunities (and thus two launch oppor­
tunities) occurred during any given day for a given launch azimuth and 
time of month (lunar declination). One opportunity resulted in a 
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generally southeast trans lunar injection in the Atlantic Ocean region, 
while the other resulted in a generally northeast injection in the Pacific 
Ocean region. When the Moon was near its maximum or minimum 
declination, the injection points were close together; when the Moon 
was near the equator, the injection points were almost 180 degrees 
apart in Earth longitude. The injection points for each daily launch 
window moved with the launch date due to the angular movement of 
the IVloon in its orbit of about 13 degrees per day. The inclination of the 
translunar trajectory with respect to the Earth-Moon plane for a 
typical lunar period is shown in Fig. 23 as a function of lunar declination 
and launch azimuth. During half of the month, Atlantic injections 
resulted in translunar trajectories which had relatively low inclinations 
to the Earth-Moon plane, while Pacific injections resulted in relatively 
high inclinations during the same period. The converse was true during 
the other half of the month. 11 

Operationally, the ground support function was simplified by the use 
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of only one of the two injection opportunities (and its associated launch 
window). Use of both opportunities would have created a logistics 
problem of switching the communications support aircraft from one 
part of the world to another between injection opportunities. Use of 
both windows on the same day would also have added additional com­
plications to the onboard and ground guidance targeting for the injection 
maneuver. 

The choice of injection opportunity was dictated, in most cases, by 
operational considerations rather than propellant economy. The Pacific 
injection opportunity during the spacecraft's second revolution (an 
operational choice) in Earth orbit was usually chosen as the prime 
injection opportunity. This opportunity allowed standard Earth 
parking orbit crew procedures and time sequence of tasks, as well as 
providing sufficient spacecraft checkout time prior to the injection 
maneuver. Because of the geographical location of the ground support 
stations, better ground station tracking and command coverage were 
provided both for the Earth orbit checkout requirements and for post­
injection tracking requirements. 

The geometry of the Earth-1VIoon-Sun system determined the Earth 
launch lighting conditions. In general, minimum propellant Pacific 
injection opportunities with daylight Earth launch occurred in the 
spring and summer* of the year. In the fall and winter, daylight launch 
windows for Pacific injection were usually available, but the Atlantic 
injection opportunities with night Earth launch windows were best 
from the standpoint of performance. This shift in better performance 
months for Pacific and Atlantic injections is illustrated in Fig. 24 for 
the landing site Copernicus. The L1\1 rescue ~ Y available was a measure 
of SP S propellant consumption: the h'igher the ~ Y available, the lower 
the propellant consumed for the nominal mission. An Earth daylight 
launch was preferred when at all possible. 

For these operational reasons, it was decided early in the program to 
use Pacific injection opportunities as a constraint in the site selection 
process, even though from a fuel performance point-of-view the Atlantic 
opportunity was preferable for certain cases. For later missions, use of 
the Atlantic opportunity for those landing sites which were not acces­
sible from the Pacific opportunity within the existing performance 
capability was considered, although the restriction to only one injection 

* This generality holds only if the lighting requirement at LM landing is accepted. 
Lunar trajectories respond principally to the monthly cycle in Earth-Moon geometry, 
but this is changed to a yearly cycle by the stroboscopic-like action of imposing the 
lighting requirement. 
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opportunity was maintained for each day and the same type (Atlantic 
or Pacific) during anyone month. An Atlantic injection was planned 
for the Apollo 17 mission. 

3.2.5 Methods of Determining Accessl:bility 

The major requirements and constraints of Apollo mISSIOns with 
regard to lunar accessibility have been discussed. It has been shown 
that lunar accessibility was ultimately determined by the SPS pro­
pellant required for the mission, as compared with the SPS propellant 
available, with due consideration given to launch vehicle performance. 
The application of those concepts to specific questions of lunar acces­
sibility is now considered. 

As previously mentioned, two general methods were used to describe 
lunar accessibility. The first considered a particular lunar site, usually 
chosen because of its scientific interest, and defined when and under 
what conditions that particular site would be accessible. The second 
method started with a particular launch month window, usually specified 
from launch scheduling considerations, and defined the lunar surface 
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area that would be accessible at that time. The first method was generally 
more appropriate when the site selection process had been narrowed to 
a choice of one of several candidate sites, while the second method was 
more useful early in the process, when broader areas of the lVloon were 
being considered for possible lunar landing sites. 

3.2.5.1 Site Specific Accessibility. Given an assumed lunar landing 
site location and the performance characteristics of the space vehicle, 
the ability to reach the site was examined as a function of time. This 
process frequently proceeded in successive stages of refinement, with 
the first step being one of determining whether a mission was at least 
feasible within all of the normal mission requirements, ground rules, 
and constraints. Assuming continuing interest or a decision to use 
the site, there were additional studies to consider available mission 
flexibility. Possible refinements included changes to make the landing 
site approach azimuth identical for each of the several launch oppor­
tunities; changes to improve the coverage of the lunar surface by 
instruments in lunar orbit; or changes to improve television coverage 
of lunar surface activities as constrained by Earth-based antenna 
locations. Site specific accessibility thus started out as an evaluation of 
minimum performance needed with a set of rigid mission requirements, 
and ended with the synthesis of new constraints* to refine the mission 
within the spirit, but perhaps not the letter, of the original requirements. 
Reviewing briefly, these mission requirements t included SPS propellant 
reserves for contingency purposes, descent propulsion system translunar 
abort capability, suitable lighting at LM landing, and the assurance of 
sufficient launch vehicle capability for successful translunar injection. 

Prior to the adoption of steeper L1VI descents and an increased Sun 
elevation range at LM landing, accessibility of a particular lunar site 
was generally possible only for a single launch day each month. Subject 
to the mission Ll V requirements, including a contingency Ll V allowance, 
the feasibility of a mission was determined by a comparison of perform­
ance requirements with the capability of both the SPS and the launch 
vehicle. Sample results of a particular site-specific accessibility study19 

are illustrated in Figs. 25 and 26. In this case, the LM approach azimuth 
and Sun elevation angle were optimized within the specified limits to 

* It was frequently useful to constrain all but a few parameters and then to in­
vestigate all possible combinations of those remaining, thereby providing a basis for 
negotiating decisions on operational constraints such as lighting and approach 
azimuth. 

t These are the major items, but there were many more lower-level requirements 
or constraints on each mission. 
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maximize the contingency ~ V available. Similar accessibility studies for 
various lunar sites are described in Refs. 20 and 2l. 

The injected mass shown in Fig. 25 for a specific opportunity was 
derived by first determining the propellant required to accomplish the 
required propulsive maneuvers with a particular spacecraft mass model 
subject to all mission requirements. The two mass models considered 
corresponded to a control mass spacecraft at that time and a heavier 
model which allowed for possible growth beyond the identified limits. 
The required propellant was added to the inert mass of the CSM, the 
Ll\![ total mass, and the spacecraft-Ll\![ adapter mass to arrive at the 
inj ected mass requirement. If the SPS propellant required exceeded the 
tank capacity of the Service Module, the mission was not feasible. In 
addition, if the required injected mass exceeded the launch vehicle 
capability for that opportunity, the mission was not feasible. The 
determination of launch vehicle capability is described in Section 3.2.3. 
Briefly stated, launch vehicle capability represented the mass that could 
be injected by the launch vehicle within a specified high probability 
of success. 

The injected mass in Fig. 25 provides comparisons among launch 
vehicle capabilities and maximum spacecraft masses at injection with 
full SPS propellant tanks. Two spacecraft limits are shown, one for 
each mass model with full SPS propellant tanks. The vertical bars 
indicate the range of injected mass requirements for both mass models, 
the lower value corresponding to the control mass model, the upper for 
the growth mass model. The shaded areas are shown in order to empha­
size the time dependence of the performance requirements. The circles 
and triangles at the bottom of Fig. 25 denote the existence of launch 
opportunities based on the data plotted in the figure. In some cases, 
acceptable opportunities are shown for months that require propellant 
exceeding the tank capacity of the vehicle. In these cases, an early 
return to Earth from lunar orbit in the event of a Ll\![ rescue was 
investigated and found to result in a feasible mission where it was not 
feasible otherwise. The opportunities designated by a small triangle 
indicate that a mission could be flown if additional launch vehicle 
capability were made available, possibly by limiting the allowable 
launch azimuth range. It should be noted that significant increases in 
launch vehicle performance took place after the generation of the data 
described here. This led to a situation in which site accessibility was 
usually determined by SPS limits rather than by launch vehicle capa­
bility. A summary of mission opportunities for various sites is presented 
in Fig. 26. This type of chart was extremely useful in the site selection 
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process, reflecting as it did the net accessibility of specific sites and the 
sensitivity to changes in performance (mass). 

Once a candidate lunar site was found to be accessible, it was desirable 
to consider the mission flexibility available for that site. This included 
a determination of the time available for CSM science after LM rendez­
vous and the determination of feasible shorter mission durations 
utilizing faster trans earth return times. Another consideration arose 
from the adoption of the multiple launch day strategy for the J-series 
missions. For this strategy, a common LM approach azimuth was 
desired for all launch opportunities during the given time frame (three­
month launch period) in order to simplify mission planning and crew 
training procedures. 

The selection of approach azimuth and Sun elevation to satisfy the 
mission requirements and enhance mission flexibility could be accom­
plished in several ways. As a first step, the SPS propellant reserve 
available for contingency purposes was maximized with respect to 
these parameters for each launch date considered. 22 Often, however, it 
was found that the selection of a common approach azimuth and Sun 
elevation angle at landing, to satisfy mission preferences, involved 
tradeoffs of SPS performance. Therefore, SPS performance scans with 
respect to approach azimuth, as described in Refs. 23 and 24, were often 
useful. A more comprehensive approach to this problem was described 
in Ref. 25, where contours of available end-of-mission ~ V (for weather 
avoidance) and LM rescue ~ V were presented as functions of approach 
azimuth and Sun elevation for several values of CSM science and total 
mission duration. A sample contour of end-of-mission ~ V reserve is 
presented in Fig. 27. Similar contours existed for LM rescue ~ V. This 
form of presentation essentially indicated the SPS propellant available 
over and above that required for the nominal mission. Those areas 
within which the end-of-mission reserve was greater than the required 
allotment, as derived in Section 3.2.2.2, corresponded to the values of 
approach azimuth and Sun elevation for which the mission was feasible. 
Therefore, with the ~ V reserve data in contour form, feasible ranges 
of Sun elevation angle could be found, potentially difficult or infeasible 
missions could be identified, and the necessary tradeoffs in the selection 
of a common approach azimuth became evident. 

The highest Sun elevation that could be achieved for a given launch 
date was, in many cases, determined by the descent propulsion system 
abort requirement. This limitation was identified in the contour and 
provided for a safe Earth entry to an unspecified landing area. 

3.2.5.2 Time-Specific Accessibility. When broad areas of the Moon 
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were under consideration for selecting landing sites, time-specific 
accessibility studies were usually performed. Given a specific launch 
opportunity, the surface of the Moon accessible for that opportunity was 
determined. The opportunity could be limited to a day, a month, or 
longer. 26

-
31 The accessible region defined for a monthly opportunity, 

where the Sun elevation at landing was limited to a specific range such 
as 5 to 25 degrees, was found to be particularly useful. 

The accessible regions were determined by examining the possible 
trajectory configurations in a manner that allowed an orderly imposition 
of the mission design constraints. * The post-pericynthian abort con­
straint was imposed first, since it limited only the trans lunar flight 
geometry. The desired time of arrival at the Moon set the energy of the 
translunar trajectory for a given launch day. The family of incoming 
trajectories to the Moon possible with this energy was examined to 
define the subset that met the descent propulsion system post-pericyn­
thian abort constraint. Each trajectory of the abortable subset was 
propagated through lunar orbit insertion, selecting those extremals in 
yaw angle (plane change) at lunar orbit insertion which allowed a lunar 
landing at least at one site under the lunar orbit and which resulted in 
the use of all the SPS propellant available for the lunar orbit insertion 
and transearth inj ection maneuvers. These two yaw angle extremals 
generally defined two points on the lunar surface where landing was 
possible such that the subsequent ascent and rendezvous required no 
plane change. Yaw angles between these extremals resulted in lunar 
orbits under which additional accessible sites lay, since part of the 
propellant used for lunar orbit insertion at an extremal yaw angle was 
now available for CSM plane change prior to rendezvous. Scanning 
through all yaw angles between the extremals and computing the allow­
able plane changes generated an accessible region. Superimposing the 
areas obtained from each abortable approach trajectory defined the 
region of the lunar surface which was accessible for a given arrival time 
and launch day. A rising Sun with an elevation between 5 and 25 degrees 
illuminated a portion of the front side of the Moon between 60 degrees 
west and 60 degrees east during only about one-third of a month. This 
period of acceptable lighting was broken up into specific arrival times, 
usually hours apart, and the accessible region determined for each of 
these arrival times. Superimposing those portions of each arrival time 

* Although various parameters are treated as if they were independent variables, 
it should be recognized that they were always constrained implicitly to allow satis­
factory completion of the transearth trajectory in a near optimum sense. Some 
ingenious computer programs were developed to handle this complexity and to 
permit efficient consideration of broader questions. 
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Fig. 27-End-of-mission LlV reserve (Descartes-March 17,1972). 

accessible region, where the Sun elevation was within the desired range, 
defined the total accessible area that was feasible during the month. 

Figure 28 shows typical accessible regions for four arrival times spaced 
about 4 hours apart, along with the portion of each region where the 
lighting was between 5 and 20 degrees elevation. The union of these sub­
regions was the area accessible throughout this particular 16-hour period. 
Using the same method, the accessibility for March of 1972 with a Sun 
elevation at landing between 5 and 25 degrees was generated (Fig. 29). 
An alternative presentation indicates the launch days associated with 
each point of the accessible region (Fig. 30). 

Figure 31 illustrates one way in which this information was used in 
site selection. Here the data were pointed toward site selection for 
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Apollo 17. The accessible region for a December 1972 launch with a 
Pacific injection was compared with the locations of some of the sites 
under consideration. Also indicated is how the accessible region shifted 
when Atlantic injection was used. The overlap between photographic 
coverage from Apollo 15 and the accessible region for Apollo 17 indicated 
where additional candidate sites might be located. 

3.3 Lunar JJ;[ odule Descent Considerations 

The process of selecting Apollo landing sites has been described as 
evolving from the selection of a very large, smooth area for maximum 
landing safety to the selection of scientifically more interesting individual 
sites that required the landing to be more precise. The LM descent 
trajectory will be discussed in terms of the basic constraints which 
shaped the trajectory, and the restrictions placed on the selection of 
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sites by the LM descent trajectory. The descent guidance equations and 
certain aspects of the LM hardware are discussed in Appendix B. 

3.3.1 Basic Shaping and Constraints 

With the decision to design for the lunar orbit rendezvous type 
mission, the role of the Lunar Module became clear: it was to deliver 
the Commander and the Lunar Module Pilot from lunar orbit to the 
lunar surface safely and accurately with maximum scientific payload. 
After the stay on the lunar surface, the LM was to lift the crew and the 
lunar samples (and other returnable payload) into lunar orbit for 
the rendezvous with the CSM. 

Figure 32 shows the basic shape of the LM descent trajectory, the 
characteristics of which depended on a number of factors. For optimum 
use of LM descent stage propellants, the CSM placed the LM in an 
orbit which passed over the chosen landing site at the expected time of 
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Fig. 32-The LM descent trajectory. 

mass of about 15,000 kilograms, a maximum thrust of about 43,800 
newtons, and an initial velocity of about 1690 meters/second relative 
to the surface, powered descent initiation was placed about 480 kilo­
meters up range of the site. 

The propellant optimum trajectory from powered descent initiation 
to touchdown would have used the throttle able descent engine at full 
thrust for the entire descent. This would have involved a .1 V expenditure 
of slightly over 1770 meters/second, some 240 meters/second less than 
that required for the actual descent. The primary factor which compro­
mised the optimum trajectory was the requirement to give the crew the 
ability to view the landing region and, if necessary, redirect the LM to 
another landing site up to several thousand meters from the original site. 
This redirection of the LM to a new site was termed landing site redesig­
nation. In order to achieve an efficient trajectory, yet one which provided 
visibility of the surface and site redesignation capability, a three-phase 
trajectory was designed. It consisted of a braking phase, a visibility 
phase, and a landing phase as shown in Fig. 32. 

The braking phase. was designed to efficiently decelerate the LM from 
orbital velocity to about 150 meters/second. The braking phase carried 
the LM from the IS-kilometer powered descent initiation altitude, at 
a range of 480 kilometers, to an altitude of about 2300 meters, approxi­
mately 7.6 kilometers from the site. 

During the visibility phase, the LM decelerated to near-zero velocity; 
however, the vehicle attitude during this phase was such that the crew 
could see and assess the landing area through the LM forward window 
and redesignate the landing site if desired. For Apollo missions 11 
through 14, the elevation angle of the LM relative to the local horizontal 
plane at the landing site during the visibility phase was about 16 degrees. 
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For a given amount of visibility time, steeper descents tended to use 
more propellant, while shallower descents provided less terrain clearance. 
The 16-degree trajectory was chosen as a compromise between these 
two effects. Figure 33 shows the visibility phase of the trajectory used 
on the Apollo 14 mission. 

Even though the basic 16-degree glide slope angle remained fixed for 
Apollo missions 11 through 14, the trajectory was continually modified 
as experience accumulated and as different landing sites were chosen 
for the missions. For Apollo 11, the visibility phase was designed so as 
to cause the LM to descend to the surface rather slowly. This inten­
tionally slow trajectory was chosen because of the many unknowns 
involved in the first lunar landing. A study32 carried out just before 
Apollo 11 showed that a slightly more rapid descent could be made in 
order to save propellant and to allow more efficient redesignation of the 
landing site during the visibility phase. With the experience gained on 
Apollo 11, it was decided that the Apollo 12 mission was appropriate 
for such a descent. The aborted Apollo 13 mission and the Apollo 14 
mission were targeted to the Fra Mauro region where the terrain uprange 
of the landing site had elevations several hundred meters higher than 
that of the landing site. For this reason, the latter portions of the visi­
bility phase were steepened to give better terrain clearance. 

Studies and simulations at the Manned Spacecraft Center, the 
Massachusetts Institute of Technology, and Bellcomm during 1970 
showed that visibility phase elevation angles above 16 degrees offered 
several advantages over the shallower trajectories used on earlier 
missions. The steeper descents provided increased terrain clearance 
during descent and thus gave added flexibility in selecting landing sites 
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in rough areas. The more nearly vertical view of the landing area 
afforded by the steeper descent was also preferred by the flight crews. 
However, in order to minimize the increase in propellant required for 
landing with these steeper trajectories, it was necessary to decrease the 
amount of time that the landing site was visible to the crew during 
descent. 

Computer studies33
•
34 considered the many tradeoffs involving visi­

bility time, viewing conditions, propellant cost, and landing site redesig­
nations. After many such studies at the Manned Spacecraft Center and 
various NASA contractors, and after many flight simulations at the 
Manned Spacecraft Center and the Grumman Aerospace Corporation, 
it was concluded that the additional terrain clearance and better view of 
the landing site outweighed the decrease in visibility time, and a descent 
trajectory with an elevation angle of 25 degrees was chosen. 

The landing phase during any of the Apollo descents could consist of 
an automatically controlled or a manually controlled touchdown. The 
onboard computer was capable of landing the LM automatically (the 
crew only had to shut down the descent engine at the time of touch­
down). However, the crews normally took over manual control of the 
LM at an altitude between 90 and 150 meters to select a specific touch­
down spot free of rocks and small craters. 

A final consideration in designing the descent trajectory was the 
requirement for abortability; that is, the LlVI had to be capable of 
achieving a safe orbit from any point on the descent trajectory. This 
abort ability constraint meant that the vertical velocity of the LM at a 
given altitude had to be less than a limiting value in order to insure that 
the ascent engine could arrest the LM's descent before lunar impact if 
the descent engine failed. 

3.3.2 Navigation 

Navigation involved the determination of where the space vehicle 
was at a given instant and the prediction of where it would be at some 
later time. As mentioned previously, navigation directly influenced the 
choice of powered descent initiation altitude. It also influenced the 
choice of a landing site, since good navigation gave high confidence 
that the LM would be able to land quite close to the desired site, 
avoiding rough or uninteresting terrain, and making possible preplanned 
traverses on the lunar surface. If navigation were poor, it would have 
been necessary to select a site surrounded by large, smooth areas. 

Data from Earth-based Doppler radar stations were used for the 
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estimation and prediction of the CSM and LM state (position and 
velocity) vectors in lunar orbit. Lunar orbit navigation is dealt with in 
more detail in Appendix C. 

The state vector estimate of the LM one orbit before powered descent 
initiation was propagated forward to determine the powered descent 
initiation ignition point. Except for a downrange (along the trajectory) 
position update 2 minutes after powered descent initiation, LM naviga­
tion during descent was done using onboard sensors. 

Any crossrange navigation errors which existed at powered descent 
initiation and any downrange errors which existed after the position 
update shortly after powered descent initiation resulted in a position 
error at touchdown unless the crew redesignated the landing site, 
based on visual observations of surface features. 

Navigation errors in LM altitude existed at powered descent initia­
tion, but were largely removed before the landing phase in order to 
eliminate the possibility of a lunar impact or a much longer than normal 
descent to the surface in the landing phase. Altitude and velocity 
navigation was done using an onboard radar array which measured the 
altitude and three velocity components of the LM relative to the surface. 
These data were used by the onboard computer from an altitude of 
about 12,000 meters on down to touchdown. 

One of the problems associated with the use of landing radar data 
was that it measured the altitude of the LM relative to the local terrain, 
not relative to the landing site. As the LM flew over lunar hills and 
valleys, this could be interpreted by the computer as an undesired 
change in LM altitude. Since the LM steering commands were based 
on the LM's estimated position relative to the estimated position of the 
landing site, and since the terrain under the LM was assumed to be at 
the same altitude as the site, terrain variations could result in undesir­
able guidance perturbations from the nominal trajectory. Thus, it was 
helpful to have premission knowledge of the approach terrain, both to 
predict terrain clearance and to estimate the effect of the terrain on 
the descent trajectory. As mission complexity increased, so did that of 
the approach terrains, until it became necessary to introduce terrain 
models into the guidance computer in order to mitigate this problem. By 
including a premission estimate of the elevation of the approach terrain 
in the guidance logic, it was possible to reduce the perturbing effects of 
the terrain on the trajectory. On Apollo 14, the onboard computer 
used a simple five-straight-line-segment approximation of the approach 
terrain for the first time. 
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3.3.3 Landing Site Redesignation 

As previously mentioned, the LM guidance system could land the 
LM on the Moon completely automatically. However, on the Apollo 
landings, the crew's ability to assess the landing area and redesignate 
the landing site was used to increase the chances for a safe and accurate 
landing. As discussed earlier, considerable effort went into determining 
the optimum lighting conditions at the time of LM descent (see Section 
3.2.2.1 and Appendix A). 

Essential to the process of assessing the landing area and redesignating 
the landing site was a method of informing the crew where on the lunar 
surface the automatic system was guiding the LM. The LM computer 
produced an estimate of its position relative to the landing site. This 
estimate was used to determine where the line-of-sight to the site should 
be. The display panel for the onboard computer gave this information 
to the crew, and the Commander looked through the prescribed spot 
on the specially scribed LM window to the appropriate spot on the lunar 
surface. Figure 34 shows a typical view from the LM window during 
the visibility phase. If the automatically targeted landing site was not 
acceptable, the Commander actuated his hand controller to redesignate 

DESIRED /,/ 
LANDING SITE 

Fig. 34-View from the Commander's window. 
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the landing site in discrete increments in the up range-downrange or 
crossrange direction. 

The computer estimate of the landing site location was determined 
using current estimates of altitude, range, and attitude, and the calcu­
lation assumed that the terrain had constant altitude to the site. If the 
site elevation differed from the elevation of the terrain measured by 
the landing radar, then the apparent site was not precisely where the 
LM would eventually land (without manual intervention); thus, rough 
terrain complicated the crew's task of assessing whether or not the LM 
was approaching the desired landing site. * 

If necessary, the process of assessment and redesignation could 
continue from the beginning of the visibility phase down to an altitude 
of about 90 meters, at which point the site was no longer visible in the 
window. Up range redesignations saved descent propellant by shortening 
the time required to reach the site, but downrange and crossrange 
redesignations increased propellant consumption. Figure 35 shows 
contours of constant Ll V cost for landing site redesignations away from 
the automatically targeted landing site, with the redesignation being 
made at an altitude of 1200 meters. As the LM approached the landing 
site, the cost in propellant of moving the landing site a given distance 
increased, so the crews were trained to redesignate as soon as possible 
after the beginning of the visibility phase. The descent was designed 
with a propellant allotment for site redesignations. However, each 
kilogram of propellant allotted for redesignation reduced the potential 
payload capacity of the LM by about 2 kilograms. 

Redesignation could cause the LM to undergo large attitude transients 
as the thrust vector was reoriented to guide to the new touchdown spot. 
This made further assessment of the landing site more difficult. Figure 35 
also shows contours of maximum bank angle changes resulting from 
crossrange redesignations. 

Final selection of a touchdown spot was made during the landing 
phase. Because of the low velocities during this portion of the trajectory, 
large relocations of the touchdown spot required relatively long maneuver 
times and were, therefore, quite inefficient in terms of propellant use. 
Thus, early and continuous use of the site redesignation capability was 
advantageous in removing large errors early and progressing toward the 
desired touchdown spot by successive stages of assessment and correc­
tion. 

* The terrain approximation added to the onboard computer on Apollo 14 eased 
this problem, but did not entirely eliminate it. 
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Fig. 35-Contours of constant Ll V penalty for landing site redesignations (LM 
altitude = 1200 meters). 

In summary, the process of landing at or near a preselected landing 
site on the Moon consisted of: 

(i) Accurate navigation to the powered descent initiation point and 
throughout the descent. 

(ii) Redesignation of the landing site if necessary to avoid an 
unacceptable landing area (either too rough or not the pre­
selected site). 

(iii) Final selection of the actual touchdown spot by manually 
maneuvering the LM during the landing phase. 

3.3.4 Landability 

A landing site with a wide variety of features was attractive from a 
scientific standpoint. Such surface features as craters, ridges, rilles, and 
scarps made a site scientifically interesting, but these very features also 
made landing more difficult. 
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In selecting a site, an analysis of the site's landability was made. 
That is, the descent trajectory was analyzed for its ability to clear the 
approach terrain, and the area around the landing site was studied in 
terms of its ability to provide suitable primary and secondary touchdown 
spots. 

In choosing Apollo landing sites, one of the major factors used in 
judging the acceptability of a site was the ratio (called the site "n" 
number) of landable area to the total area within a I-kilometer radius 
circle around the landing site. 

One of the major issues in calculating "n" numbers was the definition 
of landable and unlandable terrain. A number of experimental and 
theoretical studies were carried out to determine the touchdown stability 
boundaries of the LM. Since the LM could land with forward, lateral, 
and vertical velocities as well as angular velocities about all axes; since 
the vehicle attitude at touchdown was not entirely predictable; since the 
four LM legs could be compressed inelastically; and since the lunar 
surface soil characteristics were not entirely predictable, much analysis 
was required to determine a maximum acceptable surface slope. Although 
the LM is statically stable on slopes somewhat greater than 45 degrees, 
a maximum surface slope of 7 degrees was used for premission site 
selection purposes because of the variability of touchdown conditions. 
Thus, certain areas within the I-kilometer circle were rejected on the 
basis of slope. Areas which were presumed rocky, such as crater floors, 
were also rejected because of the possibility of damage to the lower 
portion of the LM. 

The primary goal on Apollo 11 was to achieve a lunar landing and 
return to Earth. Since this was the first lunar landing and any lunar 
samples would greatly increase our knowledge of the Moon, the site 
was selected on the basis of its smooth terrain ("n" number of 0.8, 
which is quite high) for several kilometers and its relatively smooth 
approach terrain. 

3.3.5 Evolution of LM Descent Requirements 

The Apollo 11 landing demonstrated the capability of landing safely 
on the Moon. Navigation accuracy was only fair, with the LM landing 
about 7 kilometers downrange and 2 kilometers crossrange of the 
targeted site, but the smooth mare provided a safe touchdown spot. 
On this mission, the powered descent initiation state vector (position 
and velocity) was based on navigation data from the orbit before 
powered descent initiation. By the Apollo 12 mission, additional 
procedures, described in Appendix C, were available for improved 
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downrange navigation accuracy. In addition, operational procedures 
were modified to reduce the propulsive perturbing forces on the CSM 
and LM in order to make orbit determination and prediction more 
accurate. On Apollo 12 it was decided to attempt a pinpoint landing at 
the site of Surveyor III, which landed in Oceanus Procellarum in 1967. 
From a landing standpoint this site was acceptable, since the approach 
terrain was relatively smooth and the site was in an essentially mare 
area having an "n" number of about 0.7. The revised navigation tech­
niques were successful and the LM touched down about 200 meters 
northwest of the Surveyor spacecraft. 

The Fra Mauro site was chosen for Apollo 13. With an "n" number of 
about 0.6 and somewhat higher and rougher approach terrain, naviga­
tion and landing requirements were more exacting, but the experience 
of Apollo 12 and the desire to reach the scientific features of the region 
were sufficient reasons to choose the site. 

After the Apollo 13 mission was forced to abort, the same general 
Fra Mauro site was chosen for the Apollo 14 mission. However, in the 
time between Apollo 13 and Apollo 14, the visibility phase of the descent 
trajectory was steepened slightly. This steepening gave additional terrain 
clearance, which allowed the landing site to be moved closer to the 
ridge east of the site. This shortened the distance the crew had to 
traverse back to Cone Crater during their lunar exploration. The 
Apollo 14 landing was made within about 30 meters of the preselected 
landing site. 

For Apollo 15, the Hadley-Apennine landing site was chosen. The 
steep (25 degree) descent trajectory, used for the first time on this 
mission, gave additional clearance over the 4000-meter-high mountain 
range east of the site. The Apollo 15 Lunar Module made a successful 
landing within 700 meters of the preselected landing site on the plain 
at Hadley. Here the limiting factor was the ability to recognize the exact 
location of the desired touchdown point, a problem that has not been 
previously mentioned. Unfortunately, smooth landing areas tend not 
to have distinctively marked points corresponding to desired touchdown 
spots. 

Experience was gained mission by mission, and changes were made 
which allowed landings to be made at increasingly more difficult sites. 
This provided added flexibility in selecting scientifically interesting 
sites, and increased the total scientific return from the Apollo program. 

IV. SUMMARY 

A multitude of objectives, requirements, and constraints had to be 
taken into account in the process of selecting Apollo lunar landing sites. 
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Among the significant parameters identified as affecting the site selection 
process were lunar lighting, landing site approach terrain, landing site 
smoothness, science requirements and objectives, trajectory mechanics, 
navigation, mass and performance, safety, and scheduling. The site 
selection process was a very real systems engineering problem, standing 
as it did at the interface between the science and engineering interests 
of the Apollo program, and involving not only all the pertinent technical 
considerations, but also the realities of hardware and software develop­
ment and production, the vagaries of the budget process (forcing the 
cancellation first of Apollo 20, and later of Apollo 18 and 19), the some­
times conflicting desires of the scientific community, the real-time 
mission successes and failures, and evolving mission priorities. 

Early in the Apollo program, Bellcomm recognized the pivotal 
significance that site selection would have, and took a leading role in 
defining the scope of the problem and carried out independent analyses 
in problem areas related to site selection. Of crucial importance was the 
recognition that, for maximum scientific return from the Apollo program, 
it was necessary to develop the ability to go to specific selected sites 
on the later missions, as contrasted with the more general objective of 
the first landing mission, where a landing at any of several suitable sites 
was perfectly acceptable. 

Site selection was more than just a necessary systems engineering 
problem; it was also an important program management mechanism 
which was useful for achieving program goals, particularly as it helped 
force the evolution of the system capability to achieve science objec­
tives. Within this framework, the concept of lunar accessibility was a 
major management tool, as it focused the impact of the principal factors 
affecting site selection. 

The site selection process itself evolved from mission to mission, as 
hardware, software, experience, knowledge, constraints, requirements, 
and obj ectives changed and matured. The progressive increase in mission 
capability and site complexity, along with the concerted data analyses, 
has enabled scientists to reaoh, in about four years, an understanding 
of lunar evolution and properties comparable in many respects to that 
which took hundreds of years to acquire for the Earth. 

APPENDIX A 

Lunar Lighting 

A.I Introduction 

Those singular characteristics of lighting and vision on the Moon 
which constrained the design of lunar missions have been known, at 
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least in broad outline, since the time of the first telescopic observations 
of the Moon. The past decade has seen both the application of our 
general knowledge of the Moon's photometric behavior to the specific 
problems of lunar descent and an attempt to relax the constraints so 
imposed in order to broaden the lunar landing "window." The need to 
ensure good visibility during LM descent to the surface remained the 
biggest single factor in limiting the number of opportunities per month 
for landings at a given site on the Moon. This appendix discusses the 
photometric properties of the lunar surface, some of the psychophysics 
of human vision, and the way in which they were combined in attempts 
to predict the astronaut's ability to detect landmarks and landing 
hazards during the final portion of the descent to the lunar surface. 

A.2 Photometric Quantities 

Since the photometric variables are not usually encountered by 
workers in other branches of science and engineering, a short review 
of the basic quantities used in lunar photometry is appropriate. 

Photometric quantities parallel those used in radiometry, the dif­
ference being that the basic unit, the luminous flux, expressed in lumens 
(lm), is a function of the radiant flux, weighted by the spectral response 
characteristics of the visual system. Although luminous flux is the 
logical starting point in defining the photometric units, the quantity 
actually defined directly in terms of a physical standard is the luminous 
intensity, I, which is the luminous flux per unit solid angle. The unit 
of intensity, the new candle or candela (cd), is defined as one sixtieth 
of the luminous intensity of one square centimeter of the surface of a 
black body at the temperature of freezing platinum (2042°K). 

The two remaining photometric quantities of interest, illuminance 
and luminance, are confusingly similar in sound. However, illuminance· 
(or illumination) is a measure of the amount of light striking. an extended 
surface, while luminance is a measure of the amount of light leaving the 
surface in a particular direction; illuminance is the photometric analog 
of the radiometric term, irradiance, and luminance is the analog of 
radiance. Thus, if dF is the total luminous flux from whatever source or 
combination of sources falling on a surface element ds, then the illum­
inance, E, is given by 

(1) 

and is measured in lumens/meter2
• 

Luminance is the intensity per unit area of an extended source, which 
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may be self-luminous or merely a reflecting surface. That is, if dS is a 
surface element of the source, f) is the angle between the surface normal 
and the observer's line of sight, and dI is the intensity of the source in 
a given direction, then the luminance of the surface element in the 
given direction will be 

where 

B = dI 
dS cos f) 

dI 
dO' ' 

dO' = dS cos f) 

is the projected area of the surface visible to the observer. 

(2) 

Algebraic manipulation results in an alternative and operationally 
more useful definition of luminance in terms of variables measurable at 
the observer's position: 

(3) 

Thus, the luminance of a source in a given direction is equal to the 
illuminance it produces normal to an elementary surface at the observer's 
position, dEn, divided by the solid angle dw subtended by the source 
as seen by the observer. The units for luminance in both definitions 
are candles/meter2

• 

The luminance of a surface depends not only on how well it is illum­
inated, but also on the manner in which it reflects, transmits, and absorbs 
light, and generally also depends on the direction from which it is viewed. 
There is one very useful, if imaginary, surface which has the same 
luminance no matter what the viewing direction, called the lambert, 
or perfectly diffusing, surface. The luminance of a lambert surface 
under a given illumination is given by the expression 

R 
Bz (cd/area) = - E (lm/area), 

7r 
(4) 

where B z is the luminance of the surface, E is the illumination it receives, 
and R is the fraction of light reflected. If the lambert surface reflects 
all the light incident upon it (R = 1) then, for example, under an 
illuminance of one lumen/meter2 it will have a luminance of 1/7r can­
dle/meter2 in all directions. The lambert surface has no physical justifi­
cation, but it does provide a reasonable approximation to the reflection 
characteristics of "diffuse" surfaces, especially for angles near the 
normal; and its mathematical simplicity makes it useful in many 
applications. The Moon, however, is far from being a lambert surface. 



1058 THE BELL SYSTEM TECHNICAL JOURNAL, MAY-JUNE 1972 

Luminance, like the other photometric quantities listed, is a mathe­
matically defined function which can be calculated exactly. It is impor­
tant to realize, however, that all these psychophysical quantities are 
only attempts to quantify psychological sensations which will vary 
from person to person and from time to time in a complicated fashion. 
This is especially true in the case of luminance. For convenience, 
luminance is often equated simply with the perceived brightness of an 
object, but, in reality, the brightness (a psychological sensation) depends 
not only on the luminance of the object observed (a psychophysical 
quantity), but on the luminance of the background as well. The experi­
ence of the Apollo 11 astronauts illustrates this fact very well. Neil 
Armstrong described the appearance of the lunar surface as seen from 
within the LM cabin as follows: 

It's a peculiar thing, but the surface looked very warm and 
inviting. It looked as if it would be a nice place to take a 
sunbath· .. From the cockpit the surface seemed to be tan. 
It's hard to account for that, because later when I held this 
material in my hand, it wasn't tan at all. It was black, grey 
and so on.a5 

Seen from within the comparatively dim cabin, the intensely illuminated 
surface appeared almost white, but when compared with the truly 
white Beta cloth covering of the space suit it was perceived as being 
very dark. The complex dependence of visual perception upon many 
variables was a major cause of uncertainty in lunar visibility predictions. 

The key parameter employed in these visibility predictions was the 
luminance contrast, defined in standard fashion as 

C = BT - BB 
BB ' 

(5) 

where B T is the target luminance and B B is the luminance of its back­
ground. According to this formula, a star seen against a perfectly dark 
sky has an infinite contrast, while at the other extreme a perfectly black 
object has a contrast of -1. Since it has been found that otherwise 
equivalent objects which differ only in the sign of their contrast are 
equally visible, the absolute value of the contrast is usually taken. On 
Earth, the color contrast of an object with its surroundings is, if any­
thing, even more important than its luminance contrast for providing 
the necessary visual recognition cues. On the Moon, where everything 
appears a uniform shade of tan or grey depending on the direction of the 
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illumination, brightness differences are all-important in distinguishing 
one object from another. 

A.3 Visual Psychophysics 

An object's luminance contrast, while important, is not the only 
characteristic which influences its visibility. Prior to the Apollo program, 
a great deal of laboratory data on factors influencing human vision had 
been gathered which were later used to analyze the lunar lighting 
constraints. Only a brief discussion of the most pertinent of these 
experiments is included here; Ref. 36 should be consulted for additional 
data. 

An extensive study of the variation of visibility with contrast, angular 
size, and background brightness was carried out at the Tiffany Founda­
tion during World War II, and the results reported by Blackwell in 
Ref. 37 are often referred to as the Tiffany data. Other studies supple­
mented the Tiffany data, but it has remained the standard source for 
many later visibility studies. Two separate experiments comprised the 
Tiffany work, differing primarily in the observing technique. In the 
forced-choice approach, the observers were forced to choose among 
several possible areas in which the just-visible target might be shown; 
using the yes-no method, the observers were forced to make a yes-no 
judgment on the visibility of the target. Figure 36 shows the results of 
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the 90,000 observations made with the yes-no method. Threshold 
visibility is plotted as a function of target contrast and angular subtense, 
with background luminance as the parameter. The curves indicate the 
visual threshold for a 50-percent probability of detection of a uniform 
circular target on a uniformly illuminated background. 

Three important relationships can be seen in the figure: (i) the detec­
tion threshold is nearly independent of the background luminance over 
the range of light levels-ten to several hundred millilamberts-encoun­
tered in a lunar landing; (ii) the detectability of small target elements, 
those of about 5 minutes of arc and smaller, varies as the product of 
their contrast and angular area, i.e., as the contrast decreases, the size 
must increase to preserve the same detectability; and (iii) the detect­
ability of large targets, on the order of a degree in diameter, is almost 
independent of target size; targets with a contrast less than about 
0.003 cannot be detected regardless of their size. 

Conditions during the lunar landings (as for any in-the-field situation) 
were generally quite different from the ideal laboratory environment 
exemplified by the Tiffany studies. Furthermore, the visual task was 
different and more taxing. Detection of a uniform target on a featureless 
background, where the time of occurrence and location are known and 
essentially unlimited viewing time is allowed, is the simplest visual task 
with the lowest threshold contrast. If less information is available about 
the target and a visual search is required, the threshold will be higher. 
If one is required not merely to detect the target, but also to recognize 
it or to abstract a pattern from a complex visual field, the threshold will 
be generally higher yet. Also, in a real-life task, a higher detection 
probability is desired than the 50-percent probability of the laboratory 
data. Further, the observer's detection strategy under field conditions 
will not be as efficient as that of the highly trained laboratory observer's. 

All of these factors, as well as differences due to such variables as 
training, vigilance level, glare, acceleration, vibration, psychological 
pressures, and other special conditions must be allowed for in estimating 
visibility conditions in the field. One method of doing this is to simulate 
all the pertinent viewing conditions as exactly as possible in the lab­
oratory. Unfortunately, sufficient fidelity in all the parameters is often 
difficult to achieve, especially in the simulation of a lunar landing. 
A more general, if less precise, method is to apply the basic visual 
performance data to the particular visual task through the use of 
so-called "field factors" which account for differences in the mode of 
data collection and the relative lack of knowledge of the field observer 
about the visual target's characteristics. The laboratory contrast value 
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is multiplied by the field factor to produce a final field threshold con­
trast value, which is then compared with the calculated or measured 
target contrast to predict the field performance capability. Both of these 
methods were followed in the various lunar visibility studies discussed 
below. 

Table I, based on data from Refs. 38 and 39, presents field factors to 
be applied to the Tiffany data. For example, assume that a 1-meter­
diameter target must be detected with a probability of 1.0 at a slant 
range of 1000 meters against a surface of 100 millilamberts background 
luminance. With an angular diameter of 3.5 arc minutes, the target 
has a threshold contrast from Fig. 36 of 0.019. If the untrained observer 
in the field has then to scan over a 4-degree field of view (a typical value), 
the threshold contrast for the target would become 

2.0(p = 1.0) X 2.0 (training) X 4.0 (4° field) X 0.019 = 0.3, 

a 16-fold increase in threshold. 
The approximate nature of such contrast calculations must be 

emphasized. There are several sources of uncertainty in the final 
threshold values. Individual variations from the forced-choice Tiffany 
data were found to be ± 12 percent in the original experiment, with 
occasional deviations of 40 percent. Variation from the yes-no data is 
expected to be somewhat greater. Definition of the significant compo­
nents of the visual task (search strategy, size of visual field, salient 

TABLE I-SOME FIELD FACTORS FOR VISIBILITY DATA 

Visibility Data 

Probability Conversion 
From P = 0.5 to 0.90 

0.99 
1.00 
1.00 

Knowledge of Target Properties 
Time of occurrence unknown 
Time and duration unknown 
Time and size unknown 
Time, size, and duration unknown 
Location (±4 degrees or more) 

unknown 

Other Conditions 
Lack of visibility training 
Vigilance 
Forced choice to yes-no 
4-degree visual field 

Field Factor 

1.50 
1.91 

",2.50 (forced choice) 
2 . 00 (yes-no) 

1.40 
1.60 
1.50 
1.45 

1.31 

2.00 
1.19 
1.20 
4.00 
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target characteristics, etc.) is difficult. The corresponding field factors 
(except the probability correction), in the absence of knowledge derived 
from exact simulations, may be in error by a factor of two or more, with 
a general tendency to be conservative. Nor is it clear to what extent 
it is allowable to concatenate field factors, as was done in the example 
given above. The effectf' of some aspects of the visual task, such as 
fixation time, target shape, edge gradient, and background nonuniform­
ities, do not lend themselves to the field factor approach and must 
generally be introduced separately where appropriate. Uncertainty in 
the lunar surface luminance values, discussed below, further complicates 
the analysis. 

AA Lunar Photometry 

On Earth, natural objects possess either specular or reasonably 
diffusely reflecting surfaces, and contrast values can be easily calculated. 
On the Moon, however, there is no evidence of any specular surface, 
and two simple naked-eye observations demonstrate at once that the 
lunar surface cannot be a diffuse reflector. First, all, or almost all, 
features on the lunar surface reach their maximum brightness at full 
Moon, and second, there is no evidence of limb-darkening. If the lunar 
surface were lambertian, the brightness at any point on the full lunar 
disk would vary as the cosine of its angular distance from the center; 
that is, 

B PnE . = - n cos 2, 
7r 

(6) 

where B is the surface luminance and Pn is the normal albedo, defined as 
the brightness of a surface element viewed and illuminated normally 
relative to a perfectly reflecting lambert surface with the same orienta­
tion. En is the normal solar illumination at the lunar surface, and i is 
the angle of incidence, which at full Moon is (approximately) equal to 
o degrees at the center of the disk and 90 degrees at the limb. As the 
limb is clearly not dark, the variation of lunar brightness must be 
described by a more complicated photometric function than the cosine 
law. 

In the general case, this photometric function, <P, will be a function of 
three angles which serve to completely define the relative orientation 
in space of the Sun, the observer, and the surface normal: the angle of 
incidence i, the angle of emittance €, and the phase angle g. Alternatively, 
instead of i and €, the luminance longitude ex and the luminance latitude 
{3 may be used. These angles are illustrated in Fig. 37. Angles i and € 
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are measured between the surface normal and the Sun line and between 
the surface normal and the observer's line of sight, respectively. The 
Sun and observer vectors define a plane called the phase plane. The 
luminance longitude is the angle between the projection of the surface 
normal in this plane and the line of sight to the observer. It varies 
between -90 and +90 degrees, the sign convention being such that the 
angle is positive when the line of sight is between the projected normal 
and the Sun. The luminance latitude is the angle of projection between 
the surface normal and the phase plane. Seen from the Earth, the phase 
plane is nearly parallel to the lunar equator, so that the selenographic 
latitude and longitude of a point are approximately equal to the lumi­
nance latitude and longitude; hence, the names. 

Of greatest significance in lunar photometry is the angle in the phase 
plane between the Sun and the observer, which is called the phase angle 
(g). If the observer is on the Earth, the phase angle remains essentially 
constant over the entire lunar disk, not varying by more than half a 
degree. The phase angle derives its name from the lunar phases: from 
nearly 0 degrees at full Moon, it increases to nearly 180 degrees at new 
Moon. It becomes exactly 0 or 180 degrees only during a lunar or 
solar eclipse. 

The first accurate measurements of the variation in lunar brightness 
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with phase angle were carried out by Rougier by means of photoelectric 
photometry in 1933. His curve for the integrated radiation of the Moon 
over the course of a lunation is reproduced in Fig. 38 (based on data 
from Ref. 40). Although this is an averaged curve over all portions of 
the visible sunlit hemisphere, detailed photometry shows that smaller 
areas exhibit a similar steep rise to a sharp maximum at zero phase. 
The value of the maximum, the albedo, varies from feature to feature. 
Maria generally possess an albedo of about 7 percent while the lunar 
highlands are somewhat brighter, with an albedo of 10 percent. These 
values are much lower than for most terrestrial substances-solid granite, 
for instance, has an albedo of 24 percent-and the variation between the 
darkest and lightest areas is much less. 

The Moon, even at highest resolution, is remarkably uniform. It is 
almost neutral in color, only slightly reddening the incident sunlight. 
It polarizes the incident light to only a small extent. The surface exhibits 
one salient characteristic: everywhere it tends to reflect light back 
toward its source regardless of what the local surface slope may be. 

This retroreflective property of the lunar surface is both global in 
character and unique in the sharpness of its maximum. Accordingly, it 
has inspired a great number of observational and theoretical studies on 
the part of astronomers interested in deciphering the structure and 
composition of the lunar surface material from the scattered radiation. 

Two observational programs which deserve special mention in view 
of their importance to the American lunar space program are those of 
the Russian astronomers Fedorets, Sytinskaya, and Sharonov. In 
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1948 to 1949, Fedorets photographed 172 lunar regions at 40 different 
phases and measured the relative brightness of the features as functions 
of i, €, and g. By observing just before a lunar eclipse, she was able to 
obtain data for phase angles as low as 1.5 degrees. In 1962 Herriman, 
Washburn, and Willingham, at the Jet Propulsion Laboratory (JPL) , 
handfit smooth curves to the Fedorets data for selected points in the 
lunar maria in order to produce a photometric function which was used 
in the Ranger program and afterwards. 41 Due to the large scatter 
noticed in Fedorets' data and uncertainty in the assignment of absolute 
luminance values, another photometric function was developed at JPL 
in 1964 called the Lunar Reflectivity Model. It used as a data base 
observations of mare areas made by Sytinskaya and Sharonov in 1939 
by means of direct visual photometry. Again large data scatter was 
evident, but the Lunar Reflectivity Model was felt to be a definite 
improvement over the Fedorets function. 42 The two functions are 
shown in Figure 39. The vertical axis is the relative brightness, <P, 
normalized so that at zero phase, <P is equal to 1.0; the horizontal axis 
represents the luminance longitude a; and the phase angle 9 is the 
parameter. In this figure, it was possible to represent <P as a function 
of just two variables, 9 and a, since it was found that the lunar isophotes 
roughly follow the luminance meridians, so that the effect of varying {3 
can be disregarded. 

Several interesting properties of the photometric function can be seen. 
Note first that, for zero phase angle (g = 0), <P is a constant. For a fixed 
phase angle, a difference in luminance longitude is equivalent to a 
difference in slope between the· surface elements. At zero phase, the 
curve predicts that all surface elements of equal albedo will appear 
equally bright regardless of slope; slope contrast is zero, in accord with 
observations, resulting in what is called zero phase washout. Away 
from zero phase, contrast is proportional to the slope of the lines of 
constant phase in the photometric function; in the realm of negative ex: , 

contrast remains low even at large phase angles (especially as measured 
by the Lunar Reflectivity Model, while for positive a, it becomes large 
at phase angles only slightly greater than zero. As a increases, the 
contrast increases and the surface darkens, going to zero brightness 
when 9 + a (and angle of incidence i) equals 90 degrees. 

Succeeding lunar photometric studies have corroborated the general 
form of the photometric function, although data scatter and a restricted 
variable range have precluded much improvement in detail. In order 
to gain insight into the physical processes responsible for the lunar 
photometric function, many attempts were made to match the observed 
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Fig. 39-Lunar photometric functions. 

function using terrestrial substances or to construct simplified geo­
metrical models with similar reflective properties. Extensive comparisons 
with terrestrial substances were carried out by van Diggelen 43 and 
Hapke and Van Horn. 44 Van Diggelen found that reindeer moss, with 
its intricately branching structure, best matched the lunar photometric 
function, while Hapke and Van Horn suggested that, on the lunar 
surface, finely pulverized rock dust could build up an elaborate, dendritic 
"fairy castle" structure, which would then retroreflect light in the 
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observed fashion. Hapke45 developed the most successful analytical 
formula to simulate the lunar photometric function. In his model, each 
soil particle was assumed to be at the bottom of a tube which was 
aligned toward the light source; any light not reflected directly back 
toward the source was attenuated in the wall of the tube. By adjusting 
the model parameters, a good fit to the data could be had and some 
estimate of the surface properties could be derived. Although the Hapke 
function was not employed in visibility studies to the extent that the 
tabulated photometric functions were, it still remained of interest 
where an approximate analytical expression was desired. 

The flight of Apollo 8 in December, 1968, offered the first opportunity 
to carry out a detailed photometric reduction at zero phase from the 
original film.46 A sudden brightness surge for phase angles less than 
5 degrees, which had been noted earlier by Gehrels in Earth-based 
observations,47 was confirmed by densitometric analysis of the film, 
but was found to be less than expected. Apollo 8 was also the first 
opportunity for visual observations from lunar orbit. In general, the 
visibility from orbit was reported to be better than had been expected: 
there were many high albedo craters which could be distinguished even 
at zero phase and details could be seen in shadows due to reflected light 
from the surrounding bright areas. The rapid movement of zero phase 
along the surface resulting from the spacecraft's high orbital velocity 
permitted tracing details into the washout region which had first been 
detected outside it. The crew of Apollo 10 in May, 1969, confirmed the 
Apollo 8 observations, but noted during the descent of the Lunar 
Module to 15 kilometers altitude that the washout area was noticeably 
larger than in high orbit. 48 When Apollo 11 landed on the Moon on 
July 20, 1969, the optimum visibility conditions for the descent had 
been analyzed over the preceding six years in a series of studies com­
bining both visual psychophysics and lunar photometry. 

A.5 Visibility Analyses 

At the beginning of the Apollo program, it seemed as if poor visibility 
conditions should hamper a landing on the Moon less than on the Earth; 
since without an atmosphere, there could be no clouds or haze to block 
vision of the surface. On the other hand, that same lack of atmosphere 
implied glaring sunlight, 30 percent higher than on Earth, and deep 
shadow; without the usual atmospheric haze, distance and size would 
be hard to judge on a crater-spattered landscape which offered no 
familiar objects with which to calibrate the eye. In addition, only a short 
time would be available in the descent trajectory for visually assessing 
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the landing area, and there would be no possibility of circling around 
and trying again should the first landing spot prove unsuitable. 

The visibility phase of the descent trajectory began at highgate when 
the LM pitched up and the landing site came into view for the first time, 
and it ended at lowgate about 2 minutes later. During this period, the 
touchdown point could be seen at a constant but rather shallow angle, 
the viewing angle, which was about 16 degrees for Apollo missions 11 
through 14 and about 25 degrees for Apollo 15 and after. Although the 
landing area remained visible even after lowgate until the LM began 
the final vertical descent, the most critical period was the initial few 
seconds of the visibility phase. At this time, the Commander had to 
orient himself by means of some large-scale features distinctive enough 
to act as landmarks and began evaluating the touchdown spot for· 
smoothness and lack of landing hazards. If he had to redesignate to a 
different point a large distance away from his current target, he needed 
to do so as soon as possible in order to conserve propellant. Highgate 
occurred at about 2100 meters, but within 20 seconds the LM dropped 
below 1200 meters and the Commander's view of off-track landmarks 
was considerably restricted. One of his concurrent visual tasks, landmark 
recognition, had to be fairly well completed by this time. His other 
task, which might be called obstacle avoidance, continued during the 
descent as smaller and smaller details became visible. The Commander's 
ultimate goal was to pick an area at least 10 meters in diameter, level 
in slope, and free of boulders or craters large enough to tilt the LM to 
the point of instability. 

The first lunar landing was planned for the relatively featureless mare; 
consequently, the initial emphasis in lighting analyses before Apollo 11 
was in the detection of landing hazards rather than in landmark recog­
nition. Later, with the requirement for a pinpoint landing in order to 
investigate specific geological objectives, landmarks were studied more 
intensively. To improve surface visibility, only one parameter, the 
elevation of the Sun from the horizon, was generally modifiable, since 
the viewing angle and the flight path azimuth were to some extent fixed 
by the trajectory and propellant budget. Near the lunar equator 
(at most of the Apollo sites), the Sun changes in elevation by about 
13 degrees per day; any restriction on Sun elevation restricted the 
number of opportunities and the length of the landing window. The 
history of lunar visibility studies can be viewed as a gradual reduction 
in the allowable Sun elevation range for the first lunar landing mission, 
followed· by a search for ways of expanding the landing window for 
later landings. I 



LUNAR LIGHTING 1069 

The initial restriction for a landing in sunlight was simply that the 
Sun be behind the LM in order to avoid the effects of glare. When the 
lunar photometric function was developed in 1963 by JPL for the 
Ranger program, it was applied to Orbiter and Apollo as well. 49 It 
was found that contrast at high Sun elevations was very poor, while 
at low Sun, shadows covered a large percentage of the surface so that 
visibility was again poor. In 1965, Sun elevation limits of 3 to 45 degrees 
were accepted, but because landmark tracking was required two revolu­
tions (4 hours) before landing, when the Sun would be lower than at 
landing, and because the average surface slope was uncertain, a lower 
elevation limit of 7 degrees was set. The resulting range of 38 degrees 
permitted a landing window duration of three days to any specific 
landing site on the Moon. 

Analyses performed early in the Apollo program showed that very 
few shadows are visible at high Sun elevations. The majority of craters 
are shadowless at Sun elevations above 20 degrees, and at 35 degrees, 
only the freshest of craters and boulders still possess any shadows. For 
any Sun elevation greater than the viewing angle, shadows directly 
down-Sun are hidden by the objects casting them, and some relative 
azimuth between the line of sight and the Sun direction is then necessary 
to bring the shadows into view. The loss of shadows, with their very 
high contrast of -1, drastically reduces the visibility of landing hazards 
at high Sun elevations. 

In 1965, Hamza and Radin50 photographed a scale model of the lunar 
surface and compared its general appearance under varying lighting 
conditions with the photometric function. The model was dusted with 
cupric oxide, a substance whose photometric function closely matches 
that of the Moon. Difficulty in collimating the light source tended to 
broaden the washout area in the photographs; nonetheless, they clearly 
showed the poor visibility at zero phase, as well as the improvement 
possible at high Sun elevations by employing a steep descent or a 
"dog-leg" or "buttonhook" trajectory. (In the dog-leg trajectory, the 
LM turned through a large angle cross-Sun during the visibility phase, 
while in the buttonhook the LM turned a full 180 degrees and flew 
up-Sun.) 

In 1966 it was recommended that the, upper Sun elevation limit be 
lowered to 20 degrees and that the lower limit be set at 7 degrees, based 
on the visibility studies then in progress. This change reduced the 
length of the landing window to one day per month and made the 
capability of launching to the same site on successive days doubtful. 
In order to investigate the suitability of these constraints, Anselmo 
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and Cavedo51 calculated scene contrast as a function of Sun angle, 
relative azimuth, and viewing angle over a very wide range of the 
parameters, choosing as a criterion the contrast of a 10-degree slope 
(10 degrees is roughly the median slope of an interior crater wall). 
They showed that visibility would be very poor in the upper end of the 
proposed 7 to 20 degree range when the Sun was above the viewing 
angle (16 to 20 degrees) unless at least 10 degrees relative azimuth were 
available. An azimuth difference at the lower end of the range brought 
no advantage. 

At the NASA Manned Spacecraft Center, Saulietis developed an 
elaborate analytical model for lunar visibility. 52 Since most small craters 
which might be landing hazards have about a 10:1 diameter:depth 
ratio and are roughly spherical in form, he calculated the brightness 
distribution across the visible portion of such a crater using the lunar 
photometric function. He then converted the luminance values to a 
detection range by means of the Tiffany data. Detection range was 
calculated using two techniques. For the first technique, three crater 
areas were defined: the visible shadow area (geometric shadow), the 
area of lower luminance than the average background (photometric 
shadow), and the area of greater luminance (bright side). Average 
contrast and equivalent circular areas were calculated and the threshold 
visual angle was found from the Tiffany data for each area. A field 
factor of 2 .. 29 was included to convert from 50 percent to 99 percent 
threshold and from forced-choice to yes-no detection strategies. Since 
the range calculated by this method seemed too small when compared 
with visual observations of a model dusted with cupric oxide to match 
the lunar photometric function, a second method of specifying effective 
contrast was developed. The average contrast of each of the three areas 
was weighted by the fraction of the total projected area it occupied, 
and then all were summed; that is, each crater at its maximum detection 
range was assumed to appear as a small blurred disk with the separate 
area contrasts "smeared" over the entire disk. Generally, the detection 
ranges predicted were large and the angular subtense small (e.g., an 
8-meter crater was visible at 8000 meters range at 10 degrees Sun eleva­
tion) so that the averaging assumption was valid. In the critical high­
Sun and zero-phase regions, however, where detection range was less, 
the angular subtense was large. Where detail is large enough to be 
resolved, the proper method of combining areas of differing luminance 
is not well understood and the reliability of the detection range is in 
doubt. Because of the small field factor employed in this study, the 
predictions were considered to be optimistic and to apply more to a 
laboratory-like situation than to the hurried timeline of LM descent. 
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Hughes Aircraft Company, under contract to the Manned Spacecraft 
Center, continued development of the analytical model and carried out 
ambitious laboratory experiments on lunar surface visibility. 53 Both 
phases of the study generally confirmed the Sun elevation constraints. 

The laboratory simulations, which might have resolved the question 
of field factors, unfortunately did not do so unequivocally. In the simu­
lation, an observer was seated on a chair which traveled along a 2.5-
meter track toward a screen on which was projected the image of a 
dusted model of a schematicized lunar surface. While in motion in the 
simulated LM trajectory, the observer operated a switch to indicate 
when he saw each of the four craters or protuberances which were 
included in the image for that particular run. A great deal of effort was 
expended in matching the brightness and contrast of the image to the 
lunar surface values, effort which was vitiated to some extent by the 
small size of the projected image, 5 X 5 centimeters, and by scratches 
and other flaws in the film. A very large detection range was generally 
recorded, which was roughly twice the analytically predicted range. 
This large difference was probably caused, in part at least, by the small 
field of view and the uniform background employed in the visual 
simulation. 

The Sun elevation limits for landing were further reduced at that time 
as a result of concern over the poor visibility available around the 
zero-phase point, which for a 16-degree approach trajectory would cover 
the landing site at a Sun elevation of 16 degrees. The size of the zero­
phase washout was estimated at 4 degrees, and Sun elevations from 14 
to 18 degrees were deleted from the window. Effectively, the small 
isolated block from 18 to' 20 degrees was deleted as well. 

In 1968, the analytical visibility model was developed into its final 
form in a generalized landing hazard analysis by Ziedman of TRW 
Systems. 54 The Manned Spacecraft Center crater luminances were used, 
but the detection criterion was changed. For a crater to be detectable 
as a crater, both its bright side and either its geometric or photometric 
shadow areas had to be simultaneously detectable. Instead of the Tiffany 
data, Taylor's liminal contrast data38 were used because they referred 
to a 1/3 second viewing time, which closely corresponds to the eye's 
dwell time during a visual scan such as would occur in a landing hazard 
search. The field factor was 4, 2 for converting to 99 percent probability 
and 2 for converting to a yes-no detection strategy. Principal detection 
targets were a 6-meter-diameter, 10: 1 crater and a 3.5-meter-diameter, 
6: 1 crater, sizes which were determined to be the minimum that would 
represent a hazard to the LM on landing. 

As in previous hazard detection analyses, it was assumed that the 



1072 THE BELL SYSTEM TECHNICAL JOURNAL, MAY-JUNE 1972 

LM might well land in an area without recognizable landmarks and 
where it would be necessary to detect small hazards at a relatively high 
altitude, such as 1000 meters, in order to make the largest redesignation 
at the lowest cost in propellant. This was a very conservative assump­
tion, since at high altitude, a 6-meter crater subtends only a few minutes 
of arc, much less than the minimum LM redesignation granularity of 
one-half degree. Based on this stringent criterion, it was recommended 
that the Sun elevation be restricted to less than 13 degrees, unless a 
dog-leg maneuver could be incorporated into the trajectory. 

Effectively, 13 degrees became the upper Sun elevation constraint 
for the prime launch opportunity in the Apollo program. The Sun 
elevation at landing (through Apollo 15) was never more than 12 
degrees since it was always found possible to select a trajectory meeting 
the conservative lighting constraints. * For the first lunar landing 
mission in July, 1969, the Sun elevation limits were officially set as 5 to 
13 degrees. The dog-leg maneuver was never favored, since to be effective 
it had to be large, and a large azimuth turn involved piloting problems, 
was costly in propellant, and could cause landing radar dropout. 

In order to increase the number of launch opportunities per month, 
several alternative methods were investigated: landing in earthlight, 
landing in the lunar afternoon, steep descents, and T + 24 (launch and 
landing one day later than nominal) landings. Only the latter two 
options were incorporated in the Apollo program. Earthlight landings 
were superficially quite attractive, and were even accepted as the prime 
method very early in the Apollo program. The Earth at full phase, while 
only 1/10000 as bright as the Sun, still casts 80 times more light on the 
lunar surface than the full Moon does on the Earth, and as the Earth 
is fixed in the lunar sky, lighting conditions are more uniform in earth­
light than in sunlight. Helicopter landings at low light levels were 
carried out in 196355 to determine the illumination required for landing. 
It was found that, at least for sites in the western lunar hemisphere, 
light levels during a 3-1/2 day period around "full Earth" were sufficient 
for a safe landing. The problems attendant to planning for both sunlight 
and earthlight conditions on the same mission, not to mention the 
restricted range of applicable sites, prevented use of this option, however. 
A lunar afternoon landing (the Sun being in front of the LM in the 
lunar sky) was another option which would have provided excellent 
visibility but was precluded due to training problems. Glare was a 

* On Apollo 16, due to a 6-hour delay in lunar orbit before landing, the Sun eleva­
tion angle reached 15 degrees. However, the craters chosen as landmarks were still 
partially shadowed and quite visible. 
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major consideration in an afternoon landing, but a study by Troester56 

showed that, in most cases, the afternoon landing window was three to 
five times longer than the dawn window, since the zero-phase washout 
area was out of the field of view. The appearance of the terrain was 
greatly altered, however, since the shadow direction was reversed, so 
that landmark recognition would have been difficult. 

A.6 A pollo Mission Launch Opportunities 

The requirement that the lunar landing take place only in the lunar 
morning at a Sun elevation range of 5 to 13 degrees allowed only one 
launch opportunity per month to a given site. For Apollo 11 and 12, 
this was sufficient because backup sites could be selected in case of a 
delayed launch and the mission objectives were not particularized to a 
specific-location. 

For Apollo 11, in order to permit the choice of three launch oppor­
tunities per month with Sun elevations in the 5- to 13-degree range, 
three alternative sites distributed in longitude were chosen, to be 
selected as necessary to provide the proper lighting. For Apollo 12, the 
same strategy was employed, except that only a prime and single 
backup site were selected. For Apollo 13, a prime and backup site 
were selected, but it was decided to plan for only one opportunity in 
the first month to the prime site (Fra Mauro) and to include the backup 
site only in the second and third months. In order to provide more than 
one opportunity per month for Apollo 14, at least for the second and 
third months, a different approach was taken. By launching a day early 
and waiting in lunar orbit, a second method of landing at the favored 
Sun angle was made available; the so-called T-24 opportunity. A 
detailed analysis57 was made of the landmark visibility at Fra Mauro 
for a launch and landing one day latBr than nominal (the T+24 op­
portunity) and sufficient visibility was found to permit a landing 
mission. As long as sufficient landmarks were visible to indicate the 
nominal touchdown point, hazard detection could safely be delayed 
until late in the descent when the steepening view angle would lead 
to increasing visibility. 

In the hope of reducing the uncertainty remaining in the analytical 
visibility analyses, a test of zero-phase visibility was carried out during 
Apollo 14. On previous missions, the astronauts, observing the zero­
phase washout from orbit and on the surface, had maintained that 
visibility was much higher than calculated. On Apollo 14, the Command 
Module Pilot, while in orbit around the Moon, was asked to observe 
and photograph selected craters as they passed through zero phase. He 
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reported that some of the craters disappeared completely near zero 
phase, whereas others remained visible, possibly due to their higher 
intrinsic albedo. These data should lead to a better knowledge of both 
the average lunar photometric function and the detection field factor. 

For the J-mission series, beginning with Apollo 15, the use of a 
steep descent trajectory greatly improved visibility of surface features 
both because of the steeper viewing angle (25 degrees vs 16 degrees) 
and the shorter range to the landing site. Due to this and the presence 
of a number of highly visible gross landmarks (Hadley Rille, Hadley 
Delta mountain), the T + 24 opportunity was approved for the first 
month as well as the second and third months. Like the previous lunar 
missions, Apollo 15 was launched at the nominal time and the Sun 
elevation at lunar descent was only 12 degrees. However, the Commander 
had been misled into thinking that he was about 1 kilometer south of 
the desired track; consequently, even though the Sun lighting was good, 
he was unable to recognize the lead-in landmarks to the preplanned 
touchdown point and was forced to choose another landing point. 
(On Apollo 11, computer alarms occupied the Commander until near 
touchdown; on Apollo 12 and 14 the landmarks were instantly recog­
nized at highgate.) 

For the remaining Apollo missions, lunar trajectories continued to be 
constrained to ensure good visibility of landmarks and landing hazards 
during lunar descent. 

APPENDIX B 

LM Descent Hardware and Trajectory Details 

The LM descent hardware system evolved from preliminary concepts 
in the early 1960's to hardware in the late 1960's. In a similar fashion, 
the software and trajectory design evolved over the years as additional 
knowledge was gained. The results of many of these early analyses are 
summarized in Ref. 58. The LM hardware and trajectory details are 
discussed in the following sections at their level of development during 
the period of the actual lunar landings. Section 3.3 of the main text 
should also be consulted in order to gain a broader understanding of 
L1VI descent. 

B.1 Hardware Description 

The major hardware components involved in LM descent were the 
descent engine, the attitude control system, the inertial measurement 
unit, and the onboard computer. 
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The descent engine was a liquid hypergolic propellant engine (nitrogen 
tetroxide and hydrazine) and had a maximum thrust of about 43,800 
newtons. It could be run at its maximum thrust and was continuously 
throttle able between about 5300 newtons and 26,700 newtons thrust. 
It could also be run between 26,700 and 43,800 newtons, but excessive 
engine throat erosion made it advisable to minimize operation in this 
range. 

For a steady state attitude, the thrust vector should pass through 
the center of gravity of the LM in order to minimize use of the attitude 
control system. This was accomplished by automatically trimming out 
the center of gravity offset with the descent engine, which could gimbal 
through a range of ± 6 degrees in two axes. 

Rapid changes in LM attitude were accomplished by using the atti­
tude control system, which consisted of two independent sets of eight 
440-newton-thrust rockets. These jets could be used for rotational or 
translatiomil motion. 

The inertial measurement unit was used to measure the attitude and 
acceleration of the LM. A stable platform with gimbal angle sensors 
was used to measure the attitude changes, and accelerometers mounted 
on the platform measured velocity changes due to nongravitational 
forces. During descent, the onboard landing radar provided additional 
information for updating the altitude and velocity of the L1VI relative to 
the lunar surface. The landing radar consisted of a three-beam con­
tinuous-wave velocity sensor and a single-beam frequency-modulated 
continuous-wave altimeter. Without the landing radar, the L1VI altitude 
estimate would have been based on onboard inertial sensor readings 
and Earth-based tracking information, and altitude estimation accuracy 
would have been degraded. For this reason, landing radar operation was 
considered mandatory for lunar landings. 

The onboard computer memory consisted of 2048 words which were 
erasable and 36,864 which were in fixed storage. The administration of 
the computer software development was an extremely complex task 
because of the limited storage capacity and the desire for accuracy and 
extreme reliability. LM software verification was carried out at the 
Massachusetts Institute of Technology Instrumentation Laboratory 
(now the Charles Stark Draper Laboratory) where it was programmed; 
Grumman Aerospace Corp. (the L1VI contractor); the l\1anned Space­
craft Center; the Kennedy Space Center; and TRW Systems Group. 

The Apollo Spacecraft Software Configuration Control Board, with 
members from each of the above organizations and from Bellcomm, 
administered changes to the software programs. Software for both the 
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CSM and LM computers was handled by the same Board in order to 
keep the software of one spacecraft compatible with that of the other 
and to make operation of both computers as nearly identical as possible. 

B.2 Guidance Equations 

The LM guidance equations were used to calculate the thrust and 
attitude required to guide the LM from its estimated state (position 
and velocity) at a given instant to the desired position and velocity 
at the end of that phase of the descent. 

It was assumed that the total vehicle acceleration was a quadratic 
function of time: 

(7) 

where t progressed from negative values during the descent phas~ toward 
zero at the end of that phase. Integration of this equation yields 

c l t3 c2 t2 

v = (3 + 2 + c3 t + C4 (8) 

(9) 

These equations were expressed in a coordinate system (called the 
guidance coordinate system) having its origin at the desired landing site 
and rotating with the Moon. They expressed the desired position and 
velocity of the LM. If a landing site redesignation was made, the origin 
of the guidance coordinate frame was moved to the new landing site. 
New guidance commands were then computed by the quadratic guid­
ance equations. These new commands could be significantly different 
from those just before the redesignation because of the changes in the 
location of the landing site relative to the LM. 

In the vector equations (7), (8), and (9), the current velocity (v) 
and the position (p), which were assumed to equal the current desired 
values, were known from the navigation calculations, while the final 
velocity (c4 ) and position (c5 ) were specified to give the desired final 
state. By specifying the desired final acceleration (c3), it was possible 
to solve the three equations for a. The final acceleration vector deter­
mined the final vehicle attitude. In addition, the downrange component 
of C2 , the time derivative of acceleration, was specified. This allowed 
the determination of a solution for t (time-to-go to the end of the phase), 
which was required in order to solve for the desired acceleration. Once 
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the desired acceleration vector was found, the acceleration due to lunar 
gravity was subtracted to obtain the required acceleration vector. This 
vector was converted into a thrust command for the descent engine and 
an attitude command for the attitude control system. Figure 40 sum­
marizes the descent guidance logic flow. 

The onboard computer recalculated the current position and velocity 
and the desired acceleration every 2 seconds during the descent and 
issued new thrust and attitude commands. In order to prevent large 
fluctuations in the commands as t approached zero, the trajectory was 
designed so that the desired state at the end of each phase (see Fig. 32) 
was reached before t = O. The braking phase ended and the visibility 
phase began when t ~ - 62 seconds. The switch to the landing phase 
was made when t ~ -12 seconds. Guidance in the landing phase was 
done by simple horizontal velocity nulling with a constant vertical 
velocity. Throttle control logic was added to prevent running the 
engine in the region between 26,700 and 43,800 newtons thrust. 

The choice of constants to be used in eqs. (7), (8), and (9), as well as 
the choice of the vehicle position and velocity at the beginning of a phase, 
determined the shape of the trajectory which the LM followed. During 
the braking phase, the major trajectory constraints were that propellant 
be utilized with maximum efficiency and that the commanded thrust 
fall into the throttleable region (below 26,700 newtons) for 120 seconds 
before the end of the phase. The choice of guidance constants during the 
visibility phase involved a number of constraints. These constraints 

Fig. 40-Descent guidance logic. 
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principally involved shaping the trajectory to provide satisfactory 
conditions for viewing the lunar surface during the visibility phase and 
providing a vertical velocity-altitude profile from which it was possible 
to abort safely using the ascent stage engine if the descent engine failed. 
In addition, the final seconds of the visibility phase were required to 
have a velocity-position profile which provided comfortable conditions 
for manual takeover of LM control by the crew for final selection of a 
landing point. By carefully selecting guidance constants, it was possible 
to design a trajectory having more than 1-1/2 minutes of landing site 
visibility, a nearly constant location of the landing site in the LM 
window, abortability with the ascent engine, sufficient terrain clearance, 
and suitable crew takeover conditions. 

Although the quadratic guidance scheme was used for LM descent 
throughout the Apollo program, several other schemes were considered 
at one time or another. Prior to the selection of quadratic guidance, a 
guidance technique was considered in which the acceleration was a 
linear function of time; however, the quadratic guidance technique was 
chosen because of the added flexibility it allowed in shaping the tra­
jectory. 

Late in 1969 and early in 1970 a proposal59
,60 was made at NASA's 

Manned Spacecraft Center to use the so-called "delta" guidance tech­
nique for the descent to the Moon. This proposal involved two significant 
changes: (i) modifying the guidance equations so that the LM was 
constantly being guided back to a nominal trajectory throughout the 
descent, rather than just being guided toward specified end conditions, 
and (ii) throttling-down the descent engine into the throttleable region 
several times during the braking phase rather than just once at the 
end of the phase. Reference 61 pointed out a number of advantages of 
delta guidance, such as (i) the ability to fly a near-nominal trajectory 
even with engine performance variations and with landing site re­
designations, (ii) a reduction of approximately 30 meters/second in the 
LM descent d V requirements, and (iii) a significant reduction in the 
cost of landing site redesignations. Among the disadvantages were: 
(i) terrain variations and landing site redesignations caused greater 
attitude variations using delta guidance as the LM attempted to 
rapidly return to a nominal trajectory path, (ii) the effects on the LM 
descent engine of the numerous thrust reductions during the braking 
phase were unknown, and (iii) it would have been necessary to com­
pletely reevaluate the effects of the new guidance equations on the LM 
control system stability. When all of the advantages and disadvantages 
of delta guidance were considered, it was concluded that the requalifica-
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tion and reverification of the LM hardware and software would be too 
expensive and time consuming to be practical at that stage in the pro­
gram. 

Figure 41 shows the nominal thrust versus time history using quadratic 
guidance for the descent engine on Apollo 14. The descent engine was 
run at 4670 newtons thrust for the first 26 seconds after ignition in order 
to allow the engine gimbals to direct the thrust vector through the 
center of gravity. Following this, the desired thrust was well above the 
maximum engine thrust, so the engine delivered the maximum thrust 
of 43,800 newtons. As time passed, the quadratic thrust command 
decreased to a value below 43,800 newtons, but the engine thrust was 
not brought into the throttle able region (this action is called throttle 
down) until the command fell below 26,700 newtons. The nominal 
throttle down occurred 120 seconds before the beginning of the visibility 
phase so that the desired position and velocity could be reached at the 
end of the braking phase even if the descent engine thrust was as much 
as 1100 newtons below nominal. 

Figure 42 shows the angle between the thrust axis and the normal to 
the lunar surface (this angle is called the pitch angle). During the 
visibility phase this angle had to be small enough that the landing site 
could be viewed by the crew. 

On Apollo missions, the quadratic guidance scheme performed well: 
attitude and thrust behavior were both stable, and altitude, range, and 
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velocity were near nominal. The major perturbation on trajectory 
parameters was caused by incomplete knowledge of the approach 
terrain. Terrain variations entered the guidance equations through the 
landing radar data. If the approach terrain had different altitudes than 
expected, the trajectory was slightly different than expected; however, 
in no case did this cause any difficulty during descent. 

APPENDIX C 

Lunar Orbital Navigation 

C.l Introduction 

The objectives of lunar orbital navigation were to provide accurate 
knowledge of current and future spacecraft position and velocity 
vectors to the primary guidance, navigation, and control systems. This 
information was necessary for achieving pinpoint (high-precision) 
landings on the lunar surface. Navigation data was used in conjunction 
with guidance laws to calculate the propulsive thrusts necessary to 
perform the proper descent orbit insertion and powered descent initiation 
maneuvers. 

Navigation measurements were reduced using a minimization tech­
nique to provide a best estimate of the spacecraft state (position and 
velocity) at some epoch to. Extrapolations of this state vector were 
made by numerically integrating the equations of motion to any desired 
time. 
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The two largest navigation error sources arose from an incomplete 
mathematical model of the lunar gravity field and from unmeasured 
spacecraft propulsive thrusts. Both of these error sources degraded the 
quality of navigation data extrapolations. 

C.2 Observational Data 

Two types of measurements were used for navigation in lunar orbit: 
Earth-based Doppler and onboard optical sightings. The Doppler data 
were used to refine the estimate of the spacecraft position and velocity 
in the orbit, while the optical measurements were used to improve 
the estimate of the position of the landing site relative to the spacecraft 
orbit. 

The Doppler data were acquired using the world-wide facilities of the 
Manned Space Flight Network. This data type measured the average 
range rate (along the line of sight) of the spacecraft over a small incre­
ment of time. A transmitting station transmitted a signal of a fixed 
frequency to the spacecraft. This signal was received by the spacecraft, 
coherently frequency multiplied, and retransmitted to the Earth 
station. The number of signal cycles were counted over a 60-second 
interval. The retransmitted signal was received by both the transmitting 
station and any other operating tracking stations which could view the 
spacecraft. A typical tracking station configuration is shown in Fig. 43. 

The onboard tracking data were obtained from crew-operated optical 
instruments, consisting of a 28-power sextant with a lo8-degree field 
of view and a unity-power scanning telescope with a 60-degree field of 
view. These instruments were used to obtain angular measurements 
referenced to the inertial platform (and were also used to align the 
inertial platform relative to the stars). The two angular measurements 
taken for landing site updating were called shaft and trunnion angles. 
The physical orientation of these angles is shown in Fig. 44. 

C.3 Dynamical Formulation 

The largest gravitational acceleration experienced by the spacecraft 
was that arising from the lunar gravity field. The mass distribution of 
the Moon has some noncentral properties both in bulk and in localized 
mass concentrations (mas cons) ; its gravitational potential was mathe­
matically represented using the generalized spherical harmonic expan­
SlOn: 
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Fig. 43-Tracking configuration. 
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Fig. 44-Spacecraft onboard optical coordinate system. 
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In this expression J.L is the product of the lunar mass and the universal 
gravitational constant; RM is the mean radius of the Moon; Pr;: is the 
associated Legendre polynomial; r, ~, A are the selenographic radius, 
latitude, and longitude, respectively; and Cnm and 811m are the noncentral 
gravitational harmonics. The series begins with second-degree terms 
since it was assumed that the center of coordinates and the center of 
figure are coincident. 

A simple gravitational model, the Ll field, was developed by NASA's 
Langley Research Center in support of the Apollo program. This model 
consisted of five harmonic coefficients determined from the Lunar 
Orbiter satellites and some of the early Apollo data. The coefficients 
comprising the LI field are given in Table II. 

In order to illustrate the noncentral gravitational features implied by 
the Ll field, equipotential surfaces are shown in Figs. 45 and 46, which 
demonstrate the variations from a spherical potential. These surfaces 
were determined by computing the radial deviations (in meters) of the 
LI potential from a spherical potential based on the mean radius of 
the Moon. 

The dynamical state of the spacecraft was found by numerically 
integrating the equations of motion. The coordinate system for this 
integration was defined by the mean celestial equator and vernal equinox 
at the beginning of the nearest Besselian year, with the origin translated 
to the center of mass of the Moon. The numerical integrator consisted 
of a Runge-Kutta integration combined with a Gauss-Jackson backward 
difference scheme. 

The equations of motion for the spacecraft were as follows: 

d2r J.L 
dt2 = -;:sr + ad (11) 

where ad is the sum of all perturbing accelerations: the noncentral 
gravity of the Moon and the perturbing effects of the Earth and Sun. 
Given the initial conditions x(to ), the trajectory could then be numeri­
cally computed. 

The state transition matrix (error partials), cI>, was found using ana-

TABLE II-COEFFICIENTS OF THE Ll FIELD 

C20 = -2.07108 X 10-4 

C22 = 0.20716 X 10-4 

Cao = 0.21 X 10-4 

Cal = 0.34 X 10-4 

Cn = 0.02583 X 10-4 
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lytical partial derivatives for a conic orbit. Errors in the trajectory at 
time t were assumed to be related to errors in the initial conditions as 
follows: 

X(t) = x'(t) + :~~~S [x(t o) - X'(to)] , (12) 

where x(t) was the nominal trajectory and x' (t) was the perturbed 
trajectory. Hence, the propagation of trajectory errors had the following 
approximate linear form: 

(13) 
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(14) 

Closed solution formulas for the conic transition matrix were ob­
tained.62 A method using a mean orbit and the conic formulas was 
developed by Goodyear63 and was used in real-time data reduction; 
given the initial state x(to ) and the final state x(t), an average or mean 
conic was generated which did not pass precisely through either x(to) 

or x(t). 

C.4 Data Reduction 

The philosophy used in lunar orbit determination was to gather 
batches of Doppler data over one front-side pass (one spacecraft crossing 
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of the near side of the Moon in view of the Earth-based tracking radars) 
and use these data to improve the estimate of the spacecraft position 
and velocity at some epoch x(to ). The Doppler tracking data R was 
a scalar quantity that was a nonlinear function of the spacecraft position 
and velocity.64 

R(t) = R[x(t)] + 'Y], (15) 

where 'Y] is the random noise associated with the physical measurements. 
The errors in the measurements were assumed to have the following form: 

E['Y]] = 0 and E['Y]2] = (i, 

where E('Y]) is the expectation operator and u2 is the variance of the 
measurements. 

Since the measurements were nonlinear functions of the state variables 
(position and velocity), the output equations, R = R(x), had to be 
linearized for use in linear minimization methods. A Doppler measure­
ment R[x(t i )] could be expanded in series form about some neighboring 
trajectory x(t i ) as follows: 

where: 

N ow defining: 

. aR I R[x(t i )] = R[X(ti)] + -a Ax(to) + ... , 
Xo tj 

x = x[xo , to] 

Ax(to) = x(to) - x(to). 

Then, in general: 

(16) 

(17) 

For n measurements taken over times tl , t2 , ••• , tn , the linear rela­
tionship between the variation in state and the variation in measurement 
was as follows: 

Ai{ = [J] Ax 
'-v-' '--y-' ~ (18) 
(nXl) (nX6) (6Xl) 

The objective in the data reduction was to obtain a best estimate 
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of x(to) by minimizing the weighted sum of the squares of errors. An 
error function for n observations is: 

(19) 

where W = (l/uR2). Forming (ae2/axo) and solving yields the least 
squares solution 

.1x = [JTW Jr l JTW dR. (20) 
-v---' '-----y-----'~,____J 
6Xl flXfI 6Xl 

The sensitivity partials are 

:!.I., = ::. ::, I.: (21) 

where (aR/ax) is the geometric sensitivity of the data to the orbit, 
and (ax/ax o) is the dynamic sensitivity to the epoch (state transition 
matrix for the orbit). Since the least squares equations are a linearization 
of a nonlinear system, they had to be solved iteratively. Convergence 
was achieved when 

where 0 is a small positive number, and (k - 1) and (k) designate the 
(k - 1) and (k) computing iterations. 

C.5 Real-Time Procedures 

Analysis65 showed that the Ll gravity model produced the most 
consistent navigation results when solutions were obtained using one 
front-side pass of tracking data. Data acquired during the revolutions 
prior to the landing were used to establish navigation consistency for 
solutions, but the last pass was used to establish the initial conditions 
for LM descent (Appendix B). 

After spending two revolutions in the initial 105 X 3lS-kilometer 
elliptical lunar orbit, the descent orbit insertion burn placed the space­
craft in a 130 X IS-kilometer orbit, the low point of which was appro­
priate for initiation of the LM descent. Solutions obtained from revolu­
tions three through eleven were used to determine the prediction 
quantity of the state vectors being obtained. Each solution was prop­
agated forward one and two revolutions and compared with the local 
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(most recent single-pass) solution. The comparisons were made at the 
time of crossing the landing site longitude. Propagation errors caused 
by the inaccuracies in the lunar gravity model for the Apollo 12 mission 
are given in Table III. 

During the twelfth revolution, a crew member used the onboard optics 
and made five sightings on the landing site or a nearby feature. The 
sighting sequence consisted of taking five measurements commencing 
when the spacecraft elevation angle was approximately 35 degrees with 
respect to the landing site. A typical landmark tracking sequence is 
shown in Fig. 47. Each sighting resulted in a shaft and a trunnion angle 
and an associated time. A solution was obtained from Doppler tracking 
data acquired during the twelfth revolution. Hence, the state of the 
spacecraft was assumed to be well known. The optical measurements 
were processed in the Manned Spacecraft Center Real Time Computing 
Center using a least-squares method to solve for the latitude, longitude, 
and radius of the landing site. Using this technique, the problem of 
inertial navigation was reduced to a relative one and the errors in 
spacecraft position relative to local terrain were reduced to a minimum. 

The updated landing site position, together with the navigation error 
trends previously developed, were used in the LM descent targeting 
computations. The Lunar Module computer required the location of the 
LM relative to the landing site for targeting purposes. In order to 
account for known navigation errors in the LM position at powered 
descent initiation, the position of the landing site (RLS) was biased. 
The two biasing methods used were called RLS1 and RLS2. 

The two-revolution error trends were used in RLSl. The altitude 
errors ilh and the crossrange errors il W were applied to the landmark 
solution obtained in the twelfth revolution. The downrange errors, 
although computed, were not applied to the landing site. These errors 
were extracted later (in the fourteenth revolution) using a more accurate 
method. The error trends obtained were rotated to the selenographic 

TABLE III-PROPAGATION ERRORS 

Position Errors, meters 

Propagation Interval Cross range Downrange Radial 

1 Revolution 500 ± 450 150 ± 300 600 ± 60 
2 Revolutions 600"± 500 100 ± 500 400 ± 60 
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Fig. 47-Typical sighting sequence. 

system. This rotation was accomplished iil the following manner: 

o O][COS y; 
10-5 0 sin y; 

010 

sin y; 0][ 0 ] 
- cos y; 0 Ll W , 

o 1 Llh 

(22) 

where y; is the azimuth measured from north, positive eastward. The 
actual landing site coordinates which the LM targeted to were: 

[
ep] [ep] [Llep] 
'A = 'A - Ll'A 

r TARGET r Rev 12 Llr BIA S 

(23) 

It should be noted that if the navigation offsets LlWand Llh used in the 
procedure had confidence limits lower than certain predetermined 
values, no bias correction was used. 

The RLS2 bias used a Manned Space Flight Network solution and 
optical tracking taken in the thirteenth revolution. Again, the optical 
data was used in conjunction with the Manned Space Flight Network 
solution to update the landing site. The same procedures were used as 
for RLS1 except that in this case one-pass propagation offsets Llh and 
A W were used. 

The updated landing site from either RLS1 or RLS2 was entered into 
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the primary guidance, navigation, and control systems for powered 
descent initiation targeting. The RLS1 and RLS2 biasing methods 
were used when the landing site coordinates were not well known. 
If the landing site coordinates had been surveyed on a previous Apollo 
flight, only the RLS2 correction was used. 

One last correction, called dRLS, was applied to the coordinates of 
the landing site at 2 minutes after powered descent initiation. The 
purpose of this correction was to eliminate the downrange error in the 
LM/landing site relative system. There were three methods for com­
puting dRLS: the range rate residual dR, the Lear powered flight 
processor, and the range residual dR. Although all three of these methods 
were used in real time and yielded similar results, the range rate residual 
method was preferred. 

In the range rate residual method, the LM state vector was used to 
estimate the range change per unit time that an Earth-based tracker 
should observe. A series of these values was differenced from the observed 
values every 2 seconds beginning at powered descent initiation minus 
10 minutes and continuing to powered descent initiation. The value 
obtained was multiplied by the partial of the downtrack position with 
respect to the range rate to arrive at the downtrack error: 

IlD = aI? dR 
aR ' 

(24) 

where the partial derivative was computed prior to the mission. This 
process was repeated about every half minute and an average dD was 
thus obtained. Hence, the total effect of the range rate residual was put 
in the most sensitive state component. This dD value was telemetered 
to the LM and manually inputed into the primary guidance, navigation, 
and control systems. The total effect of the dRLS update was to move 
the landing site along the downrange coordinate of the orbit. As an 
example, a IlRLS of 850 meters was applied during the Apollo 14 
mission. The remainder of the lunar landing trajectory was under the 
control of the primary guidance, navigation, and control systems and 
the crew. 

APPENDIX D 

The Bellcomm A pollo Simulation Program 

D.l Introduction 

The Bellcomm Apollo Simulation Program (BCMASP) was developed 
for Bellcomm by Bell Telephone Laboratories, Incorporated, Whippany, 
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New Jersey, and was officially delivered to Bellcomm on January 1, 
1965.66

,67 Since then, there have been three documented updates of the 
program made by Bell Laboratories and three by Bellcomm. 

The BCMASP was designed to generate precision trajectories for 
Apollo lunar missions. The program included an extensive group of 
general, multipurpose mathematical subroutines. Use of the program 
was aided by the provision of a problem-oriented language which 
simplified the programming tasks required of the user. A precompiler 
translated simple problem language trajectory descriptions and data 
processing specifications into FORTRAN IV subroutines. Input and 
control data were handled by similar straightforward techniques. The 
program required 34,535 words of memory during execution. 

Targeting, the process of shaping the trajectory to meet design 
constraints and end conditions, was provided by a collection of routines 
that contained logic applicable to Apollo lunar missions. In a mission 
analysis mode, the family of trajectories satisfying the mission con­
straints was systematically studied using patched conic subroutines in 
order to select that trajectory which optimized the mission. The final 
targeting phase then employed the same subroutines and the precision 
simulator with an iterative mirror imaging method to generate the 
corresponding precision reference trajectory. In this technique, initial 
estimates for the precision simulator shaping parameters were obtained 
by matching the desired constraint with a patched conic trajectory. 
On succeeding iterations, the shaping parameters were then corrected 
by the differences between the patched conic shaping parameters which 
matched the desired trajectory and those which matched the precision 
trajectory generated on the previous iteration.68 

The patched conic approximation of lunar trajectories was first 
suggested by V. A. Egorov69 and was widely used for lunar trajectory 
studies. This model divided Earth-Moon space into two domains of 
influence. Near the Earth, the attraction of the Moon was neglected 
and the gravitational field of the Earth was approximated by a central 
force field. Near the Moon, the attraction of the Earth was neglected 
and the gravitational field of the Moon was approximated by a central 
force field. The corresponding conic arcs were patched in position, 
velocity, and time at the point where the ratio of the perturbing force* 
to the central force in geocentric space was equal to the corresponding 
ratio in selenocentric space. The locus of all such points was approxi-

* In an Earth-centered system, the Moon represents the perturbing force, and 
vice versa. 
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mated by a sphere centered at the Moon called the Moon's sphere of 
influence. 

The usefulness of the patched conic approximation derived primarily 
from these properties: 

(i) The speed of computation was several orders of magnitude 
faster than corresponding calculations using the precision 
simulator. 

(ii) Changes along the patched conic trajectory with respect to 
discrete changes in the initial conditions were nearly equal to 
those for the precision simulated trajectories. 

(iii) Since the conic arcs satisfied Kepler's equation of motion, the 
desired terminal conditions could often be related to initial 
conditions through closed form expressions. 

Open and closed loop simulation modes afforded direct access to the 
precision simulator, with the closed loop mode providing additional 
facilities for accommodating guidance equations. 

Printing and auxiliary computations were performed in the output 
data processing mode, as well as concurrently with targeting and 
simulation in the other modes, if required. 

D.2 Structure 

The BCMASP was basically a group of subroutines forming a con­
sistent simulation and targeting package. These subroutines were 
structured to provide a suitable level of accuracy, to require a minimum 
amount of computer storage, and to allow considerable potential for 
future expansion. Although BCMASP was designed to simulate and 
target an Apollo manned lunar mission, the simulation portion was 
sufficiently general that it could be easily adapted to other powered 
flight simulations. 

The main program and most of the subroutines were written in 
FORTRAN IV. Some of the more recent changes used some features 
of FORTRAN V, e.g., multiple entry points. Some routines were 
written in the UNIVAC 1108 EXEC Vln assembly language, but only 
in those cases where it was not possible to do the task with FORTRAN. 

Communication between the subroutines of the BCMASP was 
normally via common. This greatly reduced the number of routines 
having calling parameters. All common variables were defined by 
mnemonic symbols and the use of these symbols was consistent among 
all subroutines. Areas of FORTRAN IV labeled common were identified 
with particular classes of variables, e.g., physical constants, shaping 
parameters, etc. 
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D.3 The Simulator 

The center of BCMASP was its precision simulator, consisting basi­
cally of an integrator package and a differential equation evaluation 
package. In order to provide simulator flexibility, the packages were 
designed to operate under the control of user-supplied simulation 
programs. The remainder of the programs constituted mathematical 
support for the basic simulator, as well as additional mathematical and 
logical tools needed for targeting and data processing operations. 

Construction of the user-supplied simulation programs was facilitated 
by writing them in a simple source language tailored to the simulation 
situation. The language enabled the user to describe the simulation as 
a list of "events" that were to occur in some predetermined logical 
sequence. Conversion of the events list description of the simulation to 
FORTRAN language was performed by a precompiler supplied with 
BCMASP. 

In designing the events list language, the event concept was generalized 
so that an entire simulation could be described completely in terms of 
arbitrarily defined events. These events were linked logically, in that a 
given event could be made to inhibit or enable the execution of other 
events. Basic events ordinarily corresponded to discontinuities in the 
equations describing the simulation, e.g., shutting down an engine, or 
changes in boundary conditions, e.g., entering the Earth's atmosphere, 
while other events could be introduced as "markers" for data processing 
purposes. 

A flexible printing and data reduction scheme was provided by a 
correspondingly simple "print list." Its structure was comparable to 
the events list, and a similar precompiler was furnished that generated 
a FORTRAN print control program from a print list deck of cards. 
The print list was used to extract, process, and print out information 
generated during the simulation program. 

These lists, and their associated precompilers, relieved the user of the 
burdens of the highly routine programming operations required to 
generate a simulator. The user could specify his problem (simulation 
and/or processing) in FORTRAN IV language augmented by certain 
operators provided by the event and print list precompilers. The 
precompilers, in turn, did the mechanical work of constructing the 
simulator program. 

D.4 M odes of Operation 

The BCMASP was designed to have four basic modes of operation: 
(i) targeting, (ii) open loop simulation, (iii) closed loop simulation, and 
(iv) output data processing. 
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The targeting mode provided the logic necessary for selecting param­
eter values to provide trajectories for any of three different types of 
missions: (i) circumlunar* (nonlanding) missions, (ii) lunar orbital 
rendezvous missions with deboost to lunar orbit from a circumlunar 
trajectory, and (iii) lunar orbital rendezvous missions with optimum 
deboost to lunar orbit from the translunar trajectory. 

Targeting logic provided the basis for finding a flight path and flight 
parameters that simultaneously satisfied all the requirements of the 
problem (including such parameters as liftoff date, landing sites on the 
Earth and Moon, etc.). Trajectory selection was accomplished in two 
phases. In the first phase, an approximation to the trajectory satisfying 
the given requirements was obtained using patched conic approxima­
tions. In the second phase, a precision trajectory was generated using 
the simulator and the conic approximations in a mirror imaging tech­
nique. For many studies, the first phase provided acceptable accuracy 
along with the capacity for economical wholesale generation of tra­
jectories. 

Once the flight path and parameters were established, further studies 
could be made using the open loop mode. It was intended that this mode 
be used for such activities as parameter studies, where the sensitivity 
of the traj ectory to certain parameters was to be ascertained. The 
closed loop mode of operation was designed to extend the capabilities 
of the open loop mode to include guidance or similar closed loop opera­
tions in the trajectory simulation, and was primarily intended for 
guidance equation design and checkout. 

When BCMASP was run in any of the above modes, certain simula­
tion variables were recorded on an intermediate tape before and after the 
execution of an event and after each normal integration cycle. The 
intermediate tape produced was the input to the output data processing 
mode of operation, which was under control of the print list. This mode 
permitted further computations to be made using the data from the 
tape, and provided for the printing of specified data in a selected format. 

D.5 Program Modifications 

As confidence built up in the reliability and capability of the Apollo 
hardware, the ground rules and types of missions changed. However, it 
was not feasible to keep changing the standard version of BCMASP 
with every change in mission design. Thus, for each different mission 

* As used here, circumlunar implies that the spacecraft is injected onto a translunar 
trajectory from Earth orbit, passes behind the Moon, and returns to reenter the 
Earth's atmosphere with given reentry conditions, all without additional propulsion 
following the initial translunar injection burn. This is a restricted subset of all possible 
lunar trajectories. 
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type, a separate program file was set up, consisting of those subroutines 
of BCMASP that had to be changed in order to simulate that particular 
kind of mission. Some of the more significant mission types will be 
discussed in this section. The level of detail is greater than in earlier 
sections in order to show the complexity of the internal program logic. 

D.5.1 Opt'l'mization of Hybrid Trajectories70 

The hybrid mission differed from the Apollo 11 mISSIOn only in 
translunar flight. The spacecraft was injected from Earth orbit into a 
high (900 to 9000 kilometers) pericynthian circumlunar trajectory which 
could be aborted from, using only the reaction control system, followed 
by a later transfer using the SPS engine to a different trajectory whose 
pericynthian altitude was optimum for the chosen lunar parking orbit. 
The resulting trajectory was constrained by a requirement of abort 
capability by the LM descent propulsion system onto an Earth return 
trajectory a short time (usually 2 hours) after the time of predicted 
nominal lunar orbit insertion. 

The objective was to minimize the total mission SPS propellant 
requirement. The optimization logic could be divided into two loops, 
or phases. The inner loop determined the optimum translunar trajectory 
that could be flown from the prehybrid maneuver point. The outer loop 
selected the optimum initial high pericynthian trajectory. An optimum 
translunar leg was developed for each circumlunar trajectory considered 
in the outer optimization loop. 

The outer loop trajectories had two degrees of freedom: inclination of 
the trans earth trajectory plane and pericynthian distance. Specification 
of both of these uniquely determined a circumlunar, reaction control 
system abortable, trajectory for a given launch azimuth and injection 
type. 

The inner loop had to determine the best translunar trajectory starting 
from a specified position in space. Here, three parameters were available 
for optimization: the inclination of the lunar approach hyperbola, the 
time of flight from the hybrid maneuver to lunar orbit insertion, and 
the orientation of the lunar orbit. The values of these three independent 
variables were constrained such that the descent propulsion system 
abort Ll V required to return to Earth was less than a specified maximum 
and that the SPS propellant consumption for the mission was minimized. 
The coast time between translunar injection and the hybrid maneuver 
could also be added as an independent variable, but it was found that 
the sensitivity of propellant consumption to the time of the hybrid 
maneuver was low. A coast time of 5 hours was used for the hybrid 
simulator. Minimization of the SPS propellant consumption during the 
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mission was accomplished in the optimization program by maximizing 
the remaining spacecraft mass after trans earth injection. 

D.5.2 Optimized Three-Impulse Transfer from a Hyperbolic Orbit to a 
Parking Orbit7I 

The three-impulse transfer consisted of the following maneuvers: 
(i) transfer from the hyperbola to a first ellipse, (ii) transfer from the 
first ellipse to a second ellipse, and (iii) transfer from the second ellipse 
to a final circular parking orbit. The second and third maneuvers 
involved both an energy change and a plane change, while the first 
maneuver was constrained to occur in the plane of the hyperbola. If 
an initial hyperbola and a final parking orbit were assumed, there were 
eight parameters necessary to specify the three-impulse geometry 
completely: 

(i) apocynthian radius of the first ellipse, ra 
(ii) true anomaly on the hyperbola at the first burn, flA 

(iii) true anomaly on the first ellipse at the first burn, fIB 
(iv) plane change at the first burn, PI 

(v) true anomaly on the first ellipse at the second burn, f2A 
(vi) true anomaly on the second ellipse at the second burn, f2B 

(vii) plane change at the second burn, P2 

(viii) true anomaly on the second ellipse at the third burn, f3A. 

The three-impulse optimization used consisted of a three-dimensional 
linear search on flA , fIB, and f2A . The transfer from the hyperbola to 
the first ellipse was constrained to be coplanar, that is PI = 0, since it 
was found that optimizing PI yielded a negligible flV advantage. These 
parameters specified the first burn completely and determined the 
position and velocity prior to the second burn. 

The optimum transfer trajectory from the state at the initiation of 
the second burn to the final burn was obtained by using a method 
developed in Ref. 72. The final state was specified by the angle (J meas­
ured from the projection of the radius vector at the second burn onto 
the circular orbit to the final radius vector. A linear walk optimization 
was performed on (J, internal to the linear search on flA , fIB, and f2A . 
The approach hyperbola was optimized external to the three-impulse 
optimization. 

D.5.3 Determination of Time Specific Lunar Surface Accessibility3o,73 

The accessible lunar regions at a given time were defined by examining 
the possible trajectory configurations in a manner that allowed an 
orderly imposition of the mission design constraints. The descent 
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propulsion system abort constraint was imposed first, since it limited 
only the translunar flight geometry. The desired time of arrival at the 
Moon determined the energy of the trans lunar trajectory for a given 
launch day. 

The family of incoming trajectories to the Moon possible with this 
energy was examined, defining the subset that met the descent propul­
sion system abort constraint 8 hours past pericynthian. Each trajectory 
of the abortable subset was then propagated through lunar orbit 
insertion, selecting the extremals in yaw angle at lunar orbit insertion 
that allowed landing at the site under the lunar orbit where a CSM 
plane change prior to rendezvous was not required, and using all the 
SPS propellant available for the lunar orbit insertion and trans earth 
injection maneuvers. These two yaw angle extremals defined two points 
on the lunar surface where landing was possible. Yaw angles between 
these extremals resulted in lunar orbits under which a line of accessible 
sites lay, since a portion of the propellant used in lunar orbit insertion 
at an extremal yaw was then available for CSM plane change prior to 
rendezvous~ Scanning through all yaw angles between the extremals 
generated an accessible region. Superimposing the areas obtained from 
each abortable approach trajectory defined the region of the lunar 
surface which was accessible' for a given arrival time and launch day. 

In order to find the accessible area for a given month, it was first 
necessary to determine the arrival times that illuminated a portion of 
the front side of the Moon (600 W to 600 E). For later arrival times, the 
region of the lunar surface with the desired illumination moved west­
ward. The accessible area on the Moon was determined for arrival times 
between that which illuminated 600 E and that which illuminated 600 W 
in increments of 4 hours. Superimposing the accessible region of the 
Moon and the properly illuminated region for a specific arrival time 
defined the accessible area that would have the specified Sun elevation 
range. The accessible region for .the month was the superposition of the 
regions obtained for each arrival time. 

Impulsive maneuvers and patched conics were used in generating the 
required trajectories. Allowance for the error between integrated and 
patched conic trajectories was made in the .d V budget. The accuracy of 
the accessibility curves was estimated to be ±0.5 degrees in both 
latitude and longitude. 

D.5.4 Determination of Optimum M oon-to-Earth Trajectories74 

The nominal trans earth injection maneuver placed the CSM on a 
trajectory from lunar parking orbit to a safe Earth landing. The trans­
earth trajectory was constrained to provide a suitable entry into the 
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Earth's atmosphere and a landing within a specified geographic zone 
defined by latitude and longitude limits. The trajectory could not 
violate the maximum geographic return inclination. The transearth 
injection maneuver could be made at any time after LM-CSM rendez­
vous, as long as the resulting trajectory did not violate the specified 
maximum mission duration. The time spent in lunar parking orbit after 
rendezvous could be specified or it could be optimized to produce 
minimal trans earth injection fuel requirements. 

Subject to the above requirements, it was desirable to perform the 
trans earth injection maneuver with minimum characteristic v~locity 
(~V). The parameters that were available for optimization-induded 
longitude of Earth landing, velocity azimuth at exit from the Moon's 
sphere of influence, time of flight, and post-ascent time in lunar orbit. 

The standard version of BCMASP provided for optimization with 
respect to exit velocity azimuth and Earth landing longitude within an 
allowable range. However, the optimization logic was based upon 
maximizing time of flight. While this criteria was generally valid for 
low inclination lunar orbits, it was not necessarily valid for higher 
latitude sites and higher inclination lunar parking orbits. A program 
modification described in Ref. 74 provided for optimization with respect 
to Earth landing longitude (within a specified longitude band) that 
was based on a selection criterion valid for any lunar parking orbit. It 
also provided the additional capability to optimize the transearth 
injection maneuver with respect to time of flight and time of departure 
from lunar orbit. 

The order of optimization that was employed is as follows: 

(i) Optimization with respect to post-rendezvous time In lunar 
parking orbit 

(ii) Optimization with respect to time of flight 
(iii) Optimization with respect to Earth landing longitude 
(iv) Optimization ·with respect to azimuth of the Moon's sphere of 

influence exit velocity subject to limits determined from maxi­
mum inclination and maximum latitude constraints 

(v) Targeting transearth trajectory to given Earth landing longitude. 

APPENDIX E 

Mass and Performance TradeoJfs 

E.1 Introduction 

The mass of the Apollo space vehicle· at liftoff from the launch pad 
was in excess of 2.7 X 106 kilograms. Less than 0.3 percent of this mass 
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actually landed on the Moon, and the first scientific payload returned 
from the Moon was less than 0.005 percent of the initial liftoff mass. 
Yet, in order to achieve even these small percentage yields, it was 
necessary to carefully balance the masses and performance capabilities 
of the six major propulsive stages of the vehicle. The process of evaluat­
ing the numerous tradeoffs available, and making adjustments to keep 
the system balanced when appropriate, continued from the inceptic;m of 
the program through the completion of each mission in succession. Some 
of the tradeoffs that were made are discussed in this appendix and 
examples are given of the tremendous leverage inherent in the system. 
There is also a discussion of limit masses, which formed the basis for a 
management tool which gave insight into the effects of some of these 
tradeoffs on the overall system. 

E.2 Tradeoffs 

There were numerous parameters that affected the balance of the 
system. Although there were no sharp boundaries, it was convenient to 
consider three categories: (i) the Apollo hardware, (ii) the physics of 
the Earth-Moon system, and (iii) operational procedures. 

The original hardware design was basically an optimum match to the 
mission as understood at the time the hardware was built. As is the 
case in most development efforts, the tradeoffs available through changes 
in the Apollo hardware became more and more limited as the program 
matured. In fact, different stages reached maturity with differing levels 
of conformity to initial design performance, leading to imbalances in 
the overall vehicle. Although several major design changes were under­
taken to save mass and improve performance during the early phases 
of development, the long lead times and expense required to produce 
man-rated hardware precluded most such alternatives in the later 
stages of the program. However, mass changes continued even into the 
latter phases of the program in areas such as stowed items that were 
not an integral part of the spacecraft, consumable liquids and gases 
(e.g., water, oxygen, and reaction control system propellant), and the 
amount of lunar samples returned. Some of the tradeoffs that could be 
made as a result of such changes are outlined below. 

(i) Stage Mass. The propellant required to provide a given velocity 
change (Ll V) varied directly with the mass of each of the stages involved. 
For example, if the LM ascent stage mass were decreased by 10 kilo­
grams, it would have been possible to load about 8.5 kilograms less 
ascent stage propellant and still provide the same flight performance. 
This, in turn, would have made it possible to decrease the descent stage 
propellant by 19.5 kilograms, and the Service Module propellant by 
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14 kilograms. Thus, the spacecraft (CSM/LM) could be made 52 kilo­
grams lighter by a decrease in ascent stage mass of only 10 kilograms. 
In theory, this effect could have been reflected further back to the 
launch vehicle; for example, the 52-kilogram spacecraft reduction would 
have allowed a decrease in S-IVB propellant of over 500 kilograms. 
However, in practice, spacecraft and launch vehicle tradeoffs were 
generally considered separately since the two were under the cognizance 
of separate NASA centers. In order to keep the interface between the 
centers clean and simple, a single payload requirement for the launch 
vehicle was formally set and renegotiated only when necessitated by 
unexpected spacecraft mass growth or other problems. 

Other options were also available. For example, in the above illus­
tration, one might have preferred to maintain the same Service Module 
and descent stage propellant loadings and gain about 2.2 seconds of 
hover time just prior to LM landing, or the decrease due to ascent 
stage mass and propellant could have been offset by an 18.5-kilogram 
increase in landed payload. The actual choice depended on the relative 
margins for the various parameters and the particular ground rules 
that were in effect. 

(ii) Engine Efficiency. Any improvement in the efficiency of an 
engine, indicated by a change in the specific impulse of the engine, 
resulted in using less propellant to do the same job. Thus, a I-second 
increase in the specific impulse of the LM descent engine would have 
resulted in the ability to land an additional 38 kilograms, or, equiva­
lently, increased the LM hover time by 4-1/2 seconds. Alternatively, 
if the total mass of the LM were of concern, the improved engine 
performance would have allowed the amount of descent propellant 
loaded to be decreased by 39 kilograms. 

(iii) Available Propellant. The amount of propellant available to 
provide LlV depended on (a) the size of the propellant tanks, (b) the 
ullage (empty volume needed for pressurant) requirement for the tanks, 
and (c) the amount of propellant loaded that had to be considered 
unusable. Increasing the amount of propellant that could be loaded on 
a given stage clearly increased the Ll V capability of that stage, but, by 
virtue of the increase in mass, may have decreased the capability of 
another stage. For example, a 10-kilogram increase in LM descent 
propellant loaded would have increased the LM descent stage Ll V 
capability by 1.7 meters per second. This would have had no effect on 
the ascent stage capability, but would have decreased the Service 
Module end-of-mission LlV reserve by 0.5 meters per second. 

The amount of propellant available could sometimes be increased by 
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decreasing the amount that had to be considered unusable. This in­
cluded propellant that was trapped or that had to be set aside to make 
up for deficiencies that might result from statistical variations in various 
mass and performance parameters.75

•
76 Propellant made available in 

this manner was more effective than added propellant because it was 
achieved with no increase in the mass that had to be carried. In the 
case of the LM descent stage, it was twice as effective as added pro­
pellant. 

Although it was not possible to exert control over the physical laws 
governing the flight of a space vehicle between the Earth and the Moon, 
a thorough understanding of these laws was obviously necessary so 
that they could be used to maximum advantage. In fact, improvements 
in knowledge of the Moon since the beginning of the Apollo program 
directly influenced mission design and some of the mass and performance 
tradeoffs. Perhaps the most notable example of this was the discovery 
of the lunar mascons (mass concentrations) and their effects on the 
accuracy of orbital navigation, and ultimately the accuracy of reaching 
a desired landing site. Many of the tradeoffs available were a direct 
result of the principles of trajectory mechanics.77 Most of these were 
also influenced by operational requirements and procedures that evolved. 
Some of these tradeoffs had the desirable characteristic that they could 
be invoked very late in the mission planning process. Typical examples 
are outlined below. 

(i) The amount of payload that the Saturn V could place on a 
translunar trajectory was a function of the altitude of the Earth 
parking orbit. Since a change in this parameter influenced the 
planning in many areas, it needed to be set fairly early during 
the design of a mission. The first lunar landing missions utilized 
a IS5-kilometer Earth parking orbit, but this was decreased to 
170 kilometers for the J missions in order to increase the payload 
capability by about 360 kilograms. 

(ii) Additional launch vehicle payload capability could be gained by 
narrowing the range of acceptable launch azimuths; however, 
this resulted in a decrease in the duration of the launch window. 
This type of change could be made shortly before launch. 

(iii) For a given set of vehicle masses and performance, the accessible 
area on the Moon could be increased by ~ccepting both Atlantic 
and Pacific type injection opportunities. This had to be traded 
off against the tracking and recovery requirements imposed. 

(iv) The flight time between the Earth and the Moon could be traded 
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off for increased Service Module A V reserves or allowable space­
craft mass. Generally, a longer flight time improved the AV 
and/ or mass margins. 

(v) The Service Module AV reserves could sometimes be improved 
by relaxing the constraint on the inclination of the spacecraft's 
trajectory as it reentered the Earth's atmosphere. The penalty 
for this was an increase in the amount of aerodynamic heating 
experienced by the Command Module during entry. 

(vi) On the early Apollo lunar landing missions, the LM descent 
propulsion system was used to place the LM in a 110 X 15-
kilometer lunar orbit prior to the actual LM powered descent. 
Beginning with Apollo 14, it was decided that since the Service 
Module had excess capability, this burn would be performed 
with the SPS engine. The resulting decrease in the LM descent 
A V requirement made it possible to increase the LM landed 
weight by about 110 kilograms. This shows how a proper balance 
of the system could be maintained by transferring part of the 
total job from one stage to another. Although the maneuver 
could be performed more efficiently with the LM alone because 
the extra mass of the CSM was not involved, the overall ob­
jectives were better served by balancing the entire system.78

,79 

It is informative to consider a specific example illustrating the 
surprising effects that a single small mass change could have. Assume 
that an experiment to be landed on the lunar surface and returned to 
Earth increased in mass by 10 kilograms. In order to maintain the same 
performance margins throughout the system, it would then have been 
necessary to add propellant to both stages of the LM, to the SM, and to 
one or more stages of the launch vehicle. The relative amounts are 
depicted by the bar graphs in Figs. 48 and 49. 

Note that the launch vehicle propellant shown is the amount required 
if the propellant were added to only one stage, i.e., it would have been 
necessary to add either the S-IC, S-II, or S-IVB propellant shown. As a 
result of the leverage involved in the overall system, the 10-kilogram 
increase in the experiment mass would have caused a 57-kilogram 
increase in the total spacecraft mass and a 600-kilogram or more launch 
vehicle increase. 

E.3 Limit Masses 

The numerous tradeoff possibilities that existed sometimes made it 
difficult to evaluate and visualize the overall effects of changes to the 
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system. To facilitate such evaluations, a set of curves based on the 
concept of limit masses was developed. Stated simply, the limit mass of 
a given stage of the vehicle was the maximum allowable mass for that 
stage for a given set of constraints, requirements, and hardware param­
eters. The following paragraphs describe how limit masses were deter­
mined and discuss their use in program management. The discussion 
centers on the Lunar Module for illustrative purposes, but similar 
comments apply to other stages of the vehicle. 

In generating a limit mass, two types of information had to be 
considered: 

(i) Requirements. The requirements were determined primarily 
from the orbital mechanics of that portion of the trajectory under 
consideration. They could also be influenced by various operational 
considerations and constraints. For example, the requirement for a 
visibility phase during LM descent, in order to assure the astronauts a 
good view of the predicted landing site with adequate time to redesignate 
to another site if necessary, resulted in an increase in the ~ V requirement 
over the propellant optimum value. The requirements were stated in 
terms of the ~ V that had to be provided by the stage in question. 

(ii) Propulsion Capability. The propulsion capability of the hard­
ware could be characterized by two major factors: the propellant 
available and the hardware performance. The propellant that could be 
loaded depended upon the size of the tanks and the ullage required. 
However, part of the loaded propellant was trapped and unusable, or 
was budgeted for various dispersions and contingencies and was 
therefore not available to meet the ~ V requirements. The hardware 
performance depended on the design and fabrication of the engines and 
other portions of the propulsion systems. For calculating spacecraft 
limit masses, a single indicator of performance, the specific impulse, 
was used. 

Once the performance requirements and propulsion capability were 
determined, limit masses could be calculated approximately by using 
the so-called rocket equation, which may be expressed as 

where 

M· 
AV = IspG In M. _' M ' 

, p 

~ V = delta-velocity requirement 
I sp = specific impulse of engine 
G = standard acceleration due to gravity 

= 9.80665 meters/second/second 
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M i = initial mass of the spacecraft 
Mp = mass of propellant available. 
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Considering the LM ascent stage as an example, with Ll V = 1867 meters 
per second, l8P = 309.6 seconds and Mp = 2273 kilograms, the ascent 
stage limit mass at lunar liftoff was about 4951 kilograms. * However, 
in order to facilitate comparisons with other parts of the vehicle, it was 
desirable to convert this number into an equivalent value at another 
point in time, usually Earth launch. In order to do this, adjustments 
were made to account for the mass changes that occurred between 
Earth launch and lunar liftoff. In some cases, it was also convenient to 
express the limit mass as a stage mass without propellant. With these 
adjustments, the ascent stage limit mass (without propellant) at Earth 
launch was about 2467 kilograms. This was the maximum mass that 
the ascent stage could have and still meet its Ll V requirement with the 
stated hardware performance. This number was independent of the LM 
descent stage mass, as indicated by the horizontal ascent stage limit 
line shown in Fig. 50. 

A similar procedure was used for the LM descent stage to determine 
the maximum allowable LM mass at the beginning of the powered 
descent phase of the mission. To find the descent stage limit mass at 
Earth launch, adjustments like those described in the previous para­
graph were made. However, the ascent stage mass also had to be 
considered since it was part of the total LM mass at the beginning of 
the descent. Thus, the descent stage limit line, when plotted with the 
same axes as in Fig. 50, had a slope of -1. The ascent and descent stage 
limit masses are both shown in Fig. 51. Charts such as this one proved 
to be effective management tools. By including a point indicating the 
current mass status, they could be used to show the current margin with 
respect to the limits and how well the margins (distance between the 
status point and the limit lines) were balanced between the two stages. 
The effects of actual, potential, or proposed changes in mass, mission 
requirements, or hardware capability showed up as shifts in either a 
limit line or the status point, so that many of the tradeoffs discussed 
earlier could be seen at a glance. Thus, a 10-second increase in the 
required hover time above the lunar surface would have increased the 
LM descent Ll V requirement by 16 meters per second and shifted the 
descent stage limit line about 85 kilograms to the left. 

To complete the picture, a similar chart showing the relationship 

* Limit masses, like actual masses, changed with time; however, the values shown 
here were typical. 
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between the LM and the CSM was generated (Fig. 52). The abscissa is 
the CSM mass at Earth launch, less propellant, as in the previous chart. 
However, the total LM mass, including both stages and all LM pro­
pellant, was used as the ordinate, since customary usage resulted in this 
quantity being more convenient and familiar. The LM limit line is 
consistent with the data on the previous chart and represents the maxi­
mum total LM mass at Earth launch. Two CSM limit lines, with a 
slope of about -3, are shown to illustrate the effect of a change in 
launch date. Also shown are limits imposed by the capability of the 
launch vehicle. Addition of a current status point again allows one to 
evaluate the current margins. When used together, these two types of 
charts gave a graphical display of the margins that existed in the system 
as a whole and provided a means for visualizing the overall effects of 
changes to either requirements or hardware capability. For example, 
Fig. 52 shows clearly, for the conditions examined, that CSM mass 
growth was more acceptable than LM mass growth, and that the space­
craft propulsion capability imposed a more severe constraint on CSM 
mass growth than did the launch vehicle. 

The concepts described here were utilized as a management tool by 
NASA Headquarters. Charts of the type discussed were used in monthly 
reviews held by the Apollo Program Director. The material for these 
reviews was prepared and presented by Bellcomm and published each 
quarter in the NASA "Quarterly Weight and Performance Report".80 
In order to facilitate the preparation of this material, a flexible general 
purpose mass and performance program was developed.s1 



1108 THE BELL SYSTEM TECHNICAL JOURNAL, MAY-JUNE 1972 

APPENDIX F 

A pollo Landing Sites 

F.l Introduction 

As pointed out in Section 2.2, Apollo site selection was a continuous 
process, with the knowledge gained and the objectives achieved on each 
mission directly affecting the considerations for candidate sites for 
following missions. Consequently, specific sites could not be selected 
far in advance, as this would have eliminated the flexibility necessary 
to take advantage of the results from each successive mission. The 
purpose of this appendix is to describe in some detail the specific sites 
selected for Apollo 14, 15, 16, and 17, as well as other sites which were 
candidates for Apollo 17. The evolution of scientific objectives from 
mission to mission can be followed through these descriptions. 

F.2 Fra Mauro Region (Apollo 14) 

The Fra Mauro Formation (Fig. 53) is an extensive geologic unit that 
covers large portions of the lunar surface surrounding Mare Imbrium. 
The Formation in the area selected for the Apollo 14 landing is charac­
terized by subparallel ridges radial to the Imbrium basin, and gentle 
swales that give it an undulating character. l\tJ:ost of the ridges are on 
the order of a hundred meters high and many can be traced for up to 
90 kilometers. The general setting of this unit and its textural and 
structural characteristics suggest that it is part of the ejecta zone that 
surrounds Mare Imbrium. It is probably composed both of material 
ejected ballistically from the site of the Imbrium basin and of material 
carried by the base-surge of gas and debris produced by the giant impact 
that created the basin. 

The major objective of Apollo 14 was to sample the Fra Mauro 
Formation so as to provide information on the nature of the ejecta from 
Imbrium, which should include samples from deep within the lunar 
interior, perhaps as deep as 200 kilometers. Age dating of these samples 
should establish the age of the pre-mare surface and/or the subsurface 
materials, as well as the time of formation of the Imbrium basin, thus 
providing important points on the lunar geologic time scale and insight 
into the early history of the Moon. 

To achieve these objectives, a landing point was selected within 
walking distance of "Cone Crater," a 300-meter crater that is believed 
to have penetrated through the regolith (fragmental surface layer) and 
exposed the original Fra Mauro materials. 
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Fig. 53-The Fra Mauro Formation. 
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Material collected on Apollo 14 appeared to support premission 
interpretations. The majority of the rocks were breccias which must 
have originated as ejecta of a major impact event such as that which 
created Mare Imbrium. 

F.3 Hadley-Apennine Region (Apollo 15) 

The Apollo 15 site (Fig. 54) stands astride a mountain escarpment, 
the Apennine Mountains, and a sinuous rille, the Hadley Rille. In 
addition to these features, the site offered numerous interesting ob­
jectives in the surrounding mare material. 

The Apennine Mountains front forms the arcuate southeastern rim 
of the Imbrium basin. It borders Palus Putredinis and rises from 2 to 
4.5 kilometers above the mare surface. It is probably composed of 
materials that predate the excavation of the Imbrium basin, that is, 
pre-Imbrian rocks. Examination and collection of this ancient material 
was the prime objective of the mission to this site. 

A second important objective was to study and sample the Hadley 
Rille, which runs parallel to the Apennine Mountains front and incises 
the Palus Putredinis mare material. The rille is a sinuous or meandering 
channel, much like river gorges on Earth. It displays a V-shaped cross 
section; however, it may once have had nearly vertical walls. It appears 
to originate in an elongate depression near the base of the mountain 
front in an area containing what seem to be constructional features of 
probable volcanic origin. In the area of the site, the rille is about 2 kilo­
meters wide and 360 meters deep. The origin of lunar sinuous rilles such 
as the Hadley Rille is enigmatic; either the erosive action of some type 
of fluid was involved, or the collapse of the surface capping of a lava 
channel during or after implacement of the mare material. 

Secondary objectives included the examination and sampling of the 
constructional materials of Palus Putredinis, and that of a crater 
cluster which may have originated at the crater Autolycus, over 200 
kilometers northwest of the site. 

F.4 Descartes Region (A pollo 16) 

The Descartes site (Figs. 55 and 56) is located on a topographic rise 
that forms a ridge which is a few kilometers higher than the surrounding 
highlands. Since the area is not associated with a known gravity anomaly, 
it probably represents a segment of the lunar crust which is thicker 
than that in the rest of the nearside highlands. 

Constructional volcanics further increase the topographic expression 
of this ridge in the Descartes region. The bright material on the north 
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Fig. 54-The Hadley-Apennine region. 
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Fig. 55-Lunar Orbiter IV photograph of the Descartes region. 

rim of the Crater Descartes is anomalous to both radar and IR and 
probably represents the focal point of upland volcanism in this region. 
Surrounding the bright material are constructional units which are 
similar to areas of upland volcanism west of Mare Humorum. There 
are also indications of similar units in the lunar farside highlands. They 
all appear to represent a younger stage of highland crustal evolution. 
The Descartes region might give the widest possible spread in composi­
tional type and age of lunar highland materials. 
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There are four major geologic units at the Descartes site. Relative to 
the landing point selected, these units are to the north (sculptured 
terra), south (furrowed terra), east (hilly terra), and west (cratered 
plains), as shown in the geological sketch map (Fig. 56). 

F.5 Alphonsus (Apollo 17 Candidate Site) 

The crater Alphonsus (Fig. 57) is on the western borders of the central 
lunar highlands. The crater appears to be pre-Imbrian in age because 
its walls are cut by Imbrium sculpture. Therefore, the exposed crater 
walls must be pre-Imbrian shallow subsurface materials. 

Alphonsus is typical of many upland craters, having a flat, heavily 
cratered floor, a central peak, and a broad sparsely cratered and subdued 
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Fig. 57-Crater Alphonsus with candidate landing area shown by circle. 

rim. Less typical features are a network of intersecting straight rilles 
cutting the floor and dark halo craters centered at the intersections and 
bends in these rilles. The dark halo craters are believed to be volcanic 
in origin, like cinder cones which have brought material from the lunar 
interior to the surface. 

In addition to these features, there are deposits (ejecta of Arzachel) 
in the southern half of Alphonsus which were mapped by 3.8-centimeter 
radar as higher topographically than the rest of the crater floor. Conse­
quently, Alphonsus is advantageous in providing access to pre-Imbrian 
materials as well as young volcanic deposits. These deposits must 
have also originated from deeper parts of the lunar interior. 

F.6 Gassendi (Apollo 17 Candidate Site) 

Gassendi (Fig. 58) is a 120-kilometer crater in the southwestern 
quadrant of the near side of the Moon, on the north rim of Mare 
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Humorum. The 500-kilometer diameter Humorum basin has clearly 
defined scarps and has a sizeable positive gravity anomaly (mascon). 
It is older than the Orientale, Imbrium, and Crisium basins. The floor 
of Gassendi apparently has been uplifted, producing the linear rilles 
(grabens) and making the central peaks as high as the crater rim. A 
ring of mare material occurs within Gassendi in a crescent-shaped zone 
along the south side of the warped crater floor. The proposed landing 
site lies at the base of the central peaks. Of the three high-priority 
candidates considered for Apollo 17, Gassendi is farthest removed from 
the Imbrium basin. Gassendi is interpreted to be of impact origin 
although other origins cannot be completely ruled out. 

The main objective would be to sample material from the central 
peaks. From terrestrial analogues, this material should have come from 
depths of up to about 1/10 of the crater diameter or possibly as much 

Fig. 58-Crater Gassendi with candidate landing area shown by circle. 
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as 10 kilometers. This is several times the depth of material exposed 
on a crater wall. Blocks at the base of the central peak should be ascrib­
able to a source beneath the crater and should, in principle, be derived 
from the highland material below the Humorum ejecta blanket. 
Volcanism subsequent to the crater formation may have added a 
"non-highiand" component to the central peaks, but continued mass 
wasting should produce original central peaks talus at the base. Material 
of the crater floor constitutes the second sampling objective. Gassendi 
was a favorable site from the orbital science point-of-view; its location 
in the southwestern part of the Moon made feasible photography and 
other remote sensing of new regions of the Moon, including Mare 
Orientale. 

F.7 Taurus-Littrow (Apollo 17) 

The Taurus-Littrow site (Fig. 59) is located on the southeastern rim 
of Mare Serenitatis on a flat cratered plain at the base of a series of 

Fig. 59-Panoramic camera photograph of the Taurus-Littrow region showing 
the Apollo 17 landing point. 
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mountains forming the basin rim. Serenitatis mare material forms an 
embayment around the steep-sided mountains and both the mare 
material and parts of the highlands are mantled by dark deposits of 
probable volcanic (pyroclastic) origin. A fault (with wrinkle ridge-like 
features) cuts across both the dark deposits and highlands near the 
site and is partly mantled by a debris flow at the base of one of the 
massifs. 

Highland massifs in the area of the landing site are steep-sided and 
rise almost 2 kilometers above the adjacent mare plain. Large blocky 
areas are seen in the massifs, and slopes in excess of 25 degrees are 
common. These highland massifs are believed to represent ancient 
highland crustal blocks structurally dissected by various basin forming 
events. 

Dark mantle, a very low albedo unit which mantles pre-existing 
terrain and subdues underlying craters, is extensively developed in this 
area. Panoramic photography and Command Module Pilot observations 
on Apollo 15 documented the presence of a number of cinder cones which 
may be related to this unit. Radar maps indicate that this unit is 
anomalous in its paucity of block material. It may be composed of a 
young pyroclastic deposit. For this reason its sampling was of high 
priority since its age and composition would shed light on the thermal 
history of the Moon. 

APPENDIX G 

Aborts 

Aborts were off-nominal mlSSlOn segments following some kind of 
failure, usually with the only objective being to return safely to Earth. 
The Apollo missions presented many distinctly different families of 
abort opportunities, and much effort was spent in developing these into 
viable options in the rare event that one might be required. In some 
cases, preservation of certain abort opportunities resulted in constraints 
to the nominal mission. 

Two broad classes of aborts were considered for the trans lunar coast 
and lunar orbit phases of a mission: minimum-Ll V and minimum-return­
time. Table IV summarizes the maximum-Ll V capabilities of the various 
propulsion systems that might have been available for an abort during 
translunar coast and in lunar orbit prior to LM separation. In general, 
the more Ll V available, the faster the spacecraft could return to Earth. 

The minimum-Ll V abort capability and the minimum-return-time 
capability represented the extremes of return-to-Earth time. In the 
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TABLE IV-MAXIMUM dV AVAILABLE FOR HADLEY MISSION, 
LAUNCH JULY 26, 1971* 

Ll V (meters/second) 
Source of Post-Abort 

Option Propulsion t Configura tion t Post-TLlt Post-LOlt Post-DOlt 
-----

1 DPS CSM +LM 620 870 900 
2 SPS CSM +LM 1520 620 560 
3 DPS + SPS CSM + LM 2640 1430 1690 
4 DPS + SPS CSM 3450 2190 2120 
5 SPS CSM 2830 1320 1220 
6 SPS + DPS CM+LM 3020 2120 2060 
7 DPS CM +LM 1500 1500 1500 
8 DPS + APS CSM + A/S 830 1190 1240 
9 SM/RCS CSM + LM 25 

10 SM/RCS CSM 40 

* Spacecraft weights and propellant available were taken from the January 15, 
1971, MSC Apollo Spacecraft Weight Status Summary. 

t DPS: Descent Propulsion System, SPS:' Service Propulsion System, APS: 
Ascent Propulsion System, SM/RCS: Service Module Reaction Control System; 
CSM: Command and Service Module, LM: Lunar Module, CM: Command Module, 
A/S: Ascent Stage; TLl: translunar injection, LOl: lunar orbit insertion, DOl: 
descent orbit insertion. 

event of a contingency, a continuous range of return-to-Earth times 
between these extremes would have been available. The specific choice 
depended on real-time factors such as landing area, condition of the 
spacecraft systems, and, condition of the crew. 

The ability to return to Earth using only the CSM reaction control 
system was maintained throughout the translunar trajectory for 
Apollo missions 8, 10, and 11. For Apollo missions 12, 13, and 14,82 the 
spacecraft was on such a trajectory up to approximately 28 hours after 
trans lunar injection. For Apollo 15 and subsequent missions,83 abort 
capability using the CSM reaction control system propulsion system was 
maintained for at least 5 hours following translunar injection. 

Both minimum-d V and minimum-return-time aborts were considered 
during the trans lunar phase. Three types of minimum-d V aborts were 
usually considered. The first placed the spacecraft on a trajectory which 
returned to an unconstrained Earth landing point, the second initially 
placed the spacecraft on a trajectory which would return to an un­
constrained Earth landing point and then executed a second maneuver 
at 2 hours after pericynthian to assure landing in the mid-Pacific 
recovery area (150oW to 1700 W), and the third maintained the nominal 
trajectory through pericynthian and then made a maneuver to place the 
spacecraft on a trajectory which landed in the mid-Pacific recovery area. 
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Typical minimum A V abort requirements are illustrated in Fig. 60. 
Several abort modes were available in the event of an emergency 

which required the fastest safe return to Earth. Two strategies for fast 
Earth returns were: a direct return to Earth without going around the 
Moon, and an immediate minimum-A V maneuver to put the spacecraft 
on a circumlunar return trajectory, with a second maneuver executed 
2 hours after pericynthian to speed up the vehicle. Typical return times 
for these types of aborts are illustrated in Fig. 61. 

The minimum return time for direct aborts increased with time 
elapsed from translunar injection, while the return time for circumlunar' 
aborts decreased. Thus, there was a point at which the return time was 
the same for both the circumlunar and the direct abort. This point was 
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referred to as the critical point and represented the farthest point from 
Earth with respect to time. 

The possibility of a CSM separation failure from the S-IVB was also 
considered in determining translunar abort capability. In this event, 
abort Ll V capability was provided by the CSM reaction control system 
and several S-IVB propulsion sources. Typically, the CSM reaction 
control system capability was found to provide the abort requirement 
for approximately 17 hours after trans lunar injection for a nominal 
translunar injection, while for a 3cr translunar injection underburn case 
the S-IVB propulsive sources (liquid oxygen and liquid hydrogen plus 
the Auxiliary Propulsion System) could provide the abort Ll V required 
for approximately 8 hours after translunar injection. 

Beginning with Apollo 12, trajectory design was constrained to provide 
descent propulsion system abort capability, i.e., in the event lunar orbit 
insertion was not performed, a LM descent propulsion system maneuver 
2 hours or more after pericynthian could return the spacecraft safely 
to Earth. 
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Investigation of abort requirements and capabilities throughout the 
lunar orbit insertion burn and consideration of the operational restric­
tions involved in performing the abort maneuver led to the development 
of three post-lunar orbit insertion abort modes. 17 Orbits resulting from 
very short lunar orbit insertion burns were either hyperbolic trajectories 
or ellipses (which impact the Moon). The procedure in this case was to 
perform the abort as soon as possible after shutdown. For lunar orbit 
insertion burns from approximately 127 to 182 seconds, a two-impulse 
mode was developed consisting of an initial corrective maneuver which 
transferred the spacecraft onto an intermediate orbit from which a low 
AV transearth irijection maneuver could be made within a reasonably 
short time. When the vehicle arrived at the minimum fuel point (near 
pericynthian) the second maneuver was performed to return the vehicle 
to Earth. For lunar orbit insertion burn times greater than approximately 
182 seconds (which gave stable nonimpacting ellipses), aborts were 
performed by waiting until the spacecraft reached the vicinity of 
pericynthian (behind the Moon) from which a low A V abort was per­
formed. Regions of overlap existed at the transition times from one 
mode to another within which either mode could be used. 

Aborts from lunar orbit were more expensive than aborts from trans­
lunar coast. Fig. 62 illustrates the return-to-Earth A V cost as a function 
of time in lunar orbit for Apollo 15.83 Between lunar orbit insertion and 
descent orbit insertion the trans earth injection cost was lowest. After 
the descent orbit insertion maneuver the A V cost to get out of orbit 
increased roughly by an amount equal to the descent orbit insertion 
maneuver of 60 meters/second. After circularization, the transearth 
injection cost dropped by 20 meters/second, equal to the circularization 
maneuver. All cases shown in Fig. 62 were targeted to the mid-Pacific 
landing area. 
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